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ABSTRACT

TRy

The objective of this investigation is to predict the performance parameters for the Space
Shuttle Reaction Control Thruster (SSRCT) when the fuel is chang=d from monomethyl-
hydrazine to hydrazine. Potential problems are higher chamber wall temperature during
steady state operation and explosive events during pulse mode operation. Solutions to the
problems are suggested.

DASC A M Sk R dantan e

To conduct the analysis, a more realistic film cooling model was devised which considers
that hydrazine based fuels are reactive when used as a film coolant on the walls of the
combustion chamber. Hydrazine based fuels can decompose exothermally as a monopro-
pellant and also enter into bipropellant reactions with any excess oxidizer in the combustion
chamber. Prior studies treated the coolant as an inert fluid.

LR AR 300 dha ¢ 200 1

The study conc'udes that the conversion of the thruster from MMH to hydrazine fuel is
feasible but that a number of changes would be required to achieve the same safety margins -
as the monomethylhydrazine-fueled thruster. -
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I. INTRODUCTION

The Space Shuttle Reaction Control Thruster presently uses monomethylhydrazine (MAMH)
as a fuel (N204 oxidizer) to prov.de 870 pounds of vacuum thrust and a specific impulse of
281 seconds (Figure 1). Given the performance data for this thruster, with MMH as a fuel,
can we analytically predict what happens when hydrazine is used instead of MMH?

Technical Problem

Already known, from experinents and analysis, is that hydrazin2 is of the same family
of hypergolic fuels as MMH; therelore, no major differences in combustion performance
can be foreseen when one fuel is interchanged with the other. To illustrate this point, ideal
performance capabilities of the two fuels with NoO, as the oxidizer are shown in Figure 2.
The specific impulse, Isp, with NgHg4, is seen to be lower than for the MMH fueled thruster
at a mixture ratio, O/F, of 1.6, which is the present equal volumetric flow ratio for MMH.
However, at an O/F = 1.4, the equal volumetric flow ratio for hydrazine, the specific
impulse with hydrazine is the same as that with MDMH at O/F - 1.6. Figure 2 also presents
the theoretical gas temperatures for the two fuels and shows that the gas temperature of
hydrazine at O/F = 1.4 is about 200°F higher compared with MMH at O/F = 1.6.

‘The major problem foreseen, when hydrazine is used as the fuel, is the effectiveness of
hydrazine as a film coolant. The problem lies in the large release of thermal energy from
hydrazine when it thermally decomposes. The exothermic decomposition of hydrazine
occurs at about 550°F and gas temperatures of 2500°F can theoretically be produced if no
ammonia decomposition occurs. However, at high temperature, the ammonia generated
in the reaction rapidly begins to thermally decompose and absorb energy. As a result,

the maximum gas temperature drops to the neighborhood of 2200°F at 25% ammonia decom-
position for stay times characteristic of rocket chambers (Appendix C). Since the design
goal for throat temperature of the SSRCT thruster is 2100°F, one can foresee some diffi-
culties in obtaining this temperature if the coolant stream temperature may locally reach
2200°F just from its own thermal decomposition processes.

A seccnd potential problem arising from the fuel change is the increased possibility of
chamber and manifold explosions (spikes and ZOTs) during pulsing operations. Hydrazine,
with its different vapor pressure and condensation temperatures, has a greater tendency
to deposit residual propellant or detonahble materials everywhere in the thruster after

each pulse. These residues may Cetonate upon reignition and damage the valves, combustion
chamber, and pressure transducer. The Space Shuttle Reaction Control Rocket is already
designed to minimize the causes and the effects of the detonations by minimizing dribble
(manifold) volumes, by thermal management which maintains adequate oxidizer cavity

and chamber temperatures, and by designing all cavities and the chamber to withstand

the worst pressure spike previously experienced. Due to these inherent design features,
the occurrence of spikes or ZOTs are not expected tc be a2 major problem, provided the
same thermal management criteria are applied to the hydrazine fueled rocket.
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One reason for considering the substitution of hydrazine is the potential future cost savings
for second generation Space Shuttle vehicles. The lower cost of hydrazine, compared
with MMH, is the economic incentive.

.

A e &

5 Some Experimental Data Related to the Feasibility Study

\ The theoretical performance computations presented in Figure 2 show no difference .-,
= in specJic impulse at the respective equal volumetric {low ratios. ‘These numbhers apply Y
;ﬂ to a 100% efficient combustor with no film cooling. What happens when a real thruster,
) designed to maximize performance at one mixture ratio (with monomethylhydrazine), is

L

made to operate at a different mixture ratio (with hydrazine), has been experimentally
explored previously at Marquardt,

U]

Experimental data have been obtained at Marquardt on two prior rocket engines when
hydrazine was substituted for MMH without changing the injector or the combustion chamber.
The Marquardt R-4D 100-pound force rocket engine was tested tnmodified with NoHy4.

Figure 3a shows the Igp comparisons for NoH4 and MMH. As suggested by the analytical
predictions, peak performance was higher for the hydrazine-fueled rocket, but the mixture
ratio (O/F) a. peak performance shifted from 1.55 for MMH to 1.1 for hydrazine, Signi-
ficantly higher performance was measured for hydrazine at an O/F of 1.4 compared with
MMH at an O/F of 1.6.

The chamber throat temperatures were also n.easured, and the steady state throat tem-
perature of the hydrazine-fueled rocket was 2520°F at O/F = 1.1, compared with 1947°F at
an O/F = 1.6 for the MMH-{fueled rocket.

Similar test results were obtained for the Marquardt Model R-24B rocket, an experimental
rocket desizned for 300 pounds vacuum thrust, This engine was tested with three propel-
lant combinations: MMH/NOy4, NaH4/N2O4, and 50% UDMH-50% NoH4/NoO4. Figure 3b
shows the performance of the rocket with the threc fuels, For this rocket, the performance
at the respective cqual volumetric flow ratios is about the same. Peak performance of the
hydrazine-fueled engine is higher than the MMH-fueled rocket.

Temperature measurements once again indicated that the hydrazine-fueled rocket produced
higher maximum throat temperatures (2240°F) than MMH (1900°F). The film coolant flow
was in the neighborhood of 25-27% of the total fuel flow for both thrusters.

These experimental data on smaller thrusters provide evidence that the specific impulse
fcquiremems can be met at the equal volumetric mixture ratios but that chamber throat
temperatures can be significantly higher, The objective of this program is to evaluate
whether hoth quantities, specilic impulse and throat temperatures, can be kept at design
values when hydrazine is substituted fo,, MH. Since nrior experimental data indicate

that some change in ¢ngine design may be necessary to reduce throat temperatures, the
study investigates two thruster configurations, Configuration A is the present shuttle
thruster and the analysis attempts to deline its behavior with hydrazine as a fuel, Configu-
ration B3 is a "modified” shuttle thruster, where the modifications are chosen to hetter
meet the throat temperature and specific impulse specifications for the thruster,

-
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TMC R-4D, 100 POUND THRUST ENGINE

Performance Test With N2H4 & MMH Propellants
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I1. DEFINITION OF SHUTTLE DESIGN CONSTRAINTS

The Shuttle uses equal volume tankage for the MMH and the niirogen tetroxide. To effec-
tively utilize the propel’ants, the thrusters must operate at equal volumetric flow rates
for the fuel and oxidizer, With a specific gravity of 0.876 for MMH and 1. 446 for nitrogen
tetroxide, the theoretical equal volumetric flow mixture ratio (O/F) is 1.65. However,
the flight system requires a larger ullage volume in the oxidizer tank than in the fuel tank,
and, therefore, the specification calls for an O/F = 1.6.

The theoretical equal volumetric flow mixture ratio fc. the hydrazine Np/O4 thruster is
1.43, but when corrected for the tank ullage volume differences, the effective equal volu-
metric flow mixture ratio bhecomes 1.4 (1.39). Both 1.4 and 1,6 will hencefoith be called
the equal volumetric flow mixture ratios, Hydrazine is denser (S.G. = 1.008) than MMH.
Therefore, when the present tankage is loaded with the same total weight cf propellants, it
can be shown that both tanks are loaded to only 95% of their previous capacity (volume)
when hydrazine is used as the fuel.

As indicated by the previous experimental data and as predicted later in this report, the
specific impulse of the hydrazine thruster improves at mixture ratios le.. than 1.4,
Therefore, either increased range for the same takeoff weight or reduced takeoff weight
for the same total impulse could be achieved if the thruster could ).+ ovperated at a lower
mixture ratio, Appendix A indicates that for the shuttle tankage the minimum operating
mixture ratio could be O/F = 1.%9 if the fuel tank is loaded to its full capacity while the
oxidizer is off-loaded to 91% capacity.

While this reduction of mixture ratio at constant propellant weight offers a potential means
for further improvement of the hydr:.zine thruster per formance, it is only mentioned as

a point of interest. The study uses the equal volumetric flow ratio of 1.4 as the reference
or operating condition,

Pressure Schedules

The function of the injector is to distribute, mix and control the combus.ion of pro-
pellants in a manner which optimizes the performance of the thruster. As will be dis-
cussed :ater, the shuttle injector uniquely produces two combustion zones, each with a
specific mixture ratio. It delivers the propellants at velocities and momentum angles
which maximize the mixing and combustion of the propellants. To achieve this function,
certain minimum pressure drops are required {rom the fuel and oxidizer distribution

- manifolds, For the shuttle application, the availzble pressure drop across the valves and

injector is 53 si. The nominal supply pressure for hoth propellants is 250 psi and the
chamber pressure 152 psi.

A separate pressure regulator is used for each propellunt delivery system to regulate the
propellunt supply pressure. Pressure regulator malfunction is possible. T'e specification
rcquires that the thruster must operate with one regulator at a maximum pressure of 350
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psia and the other at minimum pressure of 175 psia or with hoth regulators locked at high

or low pressure. These combinations and permutations cause changes in operating mixture
ratio and thrust level.

- Figure 4 shows the resultant operating envelope for the MMH fueled Shuttle Thruster, The
solid lines define the normal operational envelope. The lower thrust limit at 700 pounds
thrust corresponds to the operation at the low regulator limits. The low thrust limit is also
approached during multiengine firing where the pressure losses in the p~opellant supply
lines increase due to the increased propellant flow. The dashed lines indicate the operating
regions when either ithe fuel tank pressure regulator, the oxiuizer tank pressure regulator,
or both, malfunction at the high limit. In the solid icgion, the thruster must perform to
specification. In the dashed regions, it must only operate safely. The operating zunes for
the hydrazine fuel thruster can be approximated by moving the ordinate scale to the right by
0.2 mixture ratio units (i.e., the nominal O/F ratio is 1.4 rather than 1,6).

Feed System/Combustor Instability

Two kinds of instability are common in rocket sysiems. One is a feed system - com-
bustion instability in which pulsations occur due to an undamped interaction between the
propellart supply systems and the combustion process. The second kind is an undamped
acoustic resonance set by a coupling between the combustioa process and certain acoustic
resonances within the combustion chamber.

The Shuttle Thruster has demonstrated feed system stabil’ty over the entire range of thruster
operating conditions shown in Figure 4,

Combustor stability relative to damping any acoustical resonances within the combustion
chamber is achioved through the use of tuned acoustical cavities located around the out sic
rim of the injector. Figure 4 indicates the test conditions at which the combustion stability
and feecsystem sctability have been demonstrated.

Chamber Temperatures

The shuttle thruster chamber is C-103 Columbium coated with R512A oxidiation-~
1csistant disilicide coating. The original throat temperature target at design operating
conaitions was 2100°F. Very large margins of safety exist with the Shuttle disilicide
coated columbium chamber at this teraperature, Figure 5 summarizes and compares the
experimental data for coated columbium to the Shuttle mission requirements as a function
of wall temperature. (Ref. 1). At the maximum design operating temperature of 2100°F,
the measured coating life in almost 100 times the entire mission operating time. Even if the
engine malfunctioned in such a way to continually produce wall temperatures of 2900°F,
the engine could operate at this temperature for the required 100 missions. At 3000°F,
1.5 hours of life are available, These data were ubtained from torch impingements
experiments in oxidizing atmospheres (Ref, 1). Both the fuel film cooling and the fuel-
rich O/F profiles near the walls provide a fuel-rich environment over the walls for the
Skuttle thruster. This would contribute to even greater life than predicted by the data.
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Figurc 6 presents experimental temperatures measured on a prototype Shuttle thruster
with MMH fuel. The maximum and minimum temperatures for an uninsulated thruster

. are shown. The variation of temperature at the nozzle throat station (1250-1550°F)
suggests that the cooling film is not uniform due to the discrete number of film cooling
injection points and to random variations of flow from each orifice. Test data with the
insulated chamber indicate that throat wall temperatures are ahout 150°F warmer than
the radiation cooled version (i.e. ; the uninsulated thruster). The MMH fueled Shuttle
thruster, therefore, is seen to be operating substantially below the target temperatures.
At the design operating point, the maximum temperature measured for the insulated
taruster is about 1250°F and is downstream of the nozzle throat in the supersonic flow
region.

Figure 4 is a reminder that there are a wide range of off-design operating conditions at
which the thruster must safely operate. The results of Thermal Tests conducted over the
entire operating region are shown in Tigure 7. The throat temperatures begin rising
rapidly when the mixture ratio exceeds 2.0 and reach the maxinmum design temperature

of 2100°F at a mixture ratio of 2.56. As will be discussed later, this rise in temperature
appears to be related to an injector design parameter.

Re-entry Heat Loads

Analysis of re-entry heating indicated that the maximum chamber and flange tem-
peratures are not caused by the hot combustion gases during firing of the thruster but by
the re-entry heating when the thruster is not being fired.

During re-entry of the vehicle into the atmosphere, the high stagnation temperature of the
air produces significantly higher chamber and wall temperatures than are produced by

the rocket combustion. Figure ® presents the calculated thruster wall temperatures during
re-entry. The maximum re-entry wall temperature of 2230°F is greater than those pre-
sented in Figures 6 and 7 for a firing thruster. Furthermore, the re-entry temperatures
occur in the presence of more corrosive oxidizing atmosphere rather than the fuel-rich en-
vironment when the rocket is firing. '

The more severe nonfiring condition should therefore be used to specify the maximum
allowable chamber temperatures. In terms of the objectives of this analysis program, if
the hvdrazine thruster produces temperatures the same as or less than the 2250°F (with
a fuel-rich environment), little or r.o significant effect upon the life and thermal margins
of the thruster material system is expected. The re-entry heating, thereby, allows the
maximum thruster fi: ing temperature target for hvdrazine to be realistically raised to _—
this higher value. PAGE

Thermal Coaditioning of the Injector and Chamber

The SSRCS thruster uses an e.ectric heater located on the injector head to prevent
the injector head, valve, and combustion chumber tempéraiures from falling helow the
freezing points of the fuel (-62.5°F) and oxidizer (11,5°F). As discussed in more detail
in the section on Vacuum Ignition, Spike, and Stability Analysis, the thermal conditioning

10
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affects the incidence of damaging explosive evenris due to condensation of fual on chambher
surfaces. The heater, therefore, insures that the s:art transient is rapid, reproducible,
and smooth and that explosive events which could damage the valve or chamber are
minimized.

When the thruster is not firing, the heater must compensate for conduction to the vehicle

and radiation losses to space. The results of an anzlysis of the steady state power require-
ments for the heater are shown in Figure 9. To kee)d the L.ad temperatures above the speci-
fied 50°F, approximately 10 watts of power mus: be supplied by the heater. To provide a
margin of safety which covers the uncertainties in defining and analyzing the steady state

and any transient environment, the heater is designed with a safety factor of two (i.e.,
delivers 20 watts). Another way of looking at this safety factor is that the heater must be
ON 50% of the time to compensate for the anticizatec heat losses.

‘The freezing point of hydrazine is 34. 7°F and this is appreciably higher than for MMH or
the nitrogen tetrovide. Therefore, it is aniicipzted that significant increases ih heater
power will be required to maintain the same thermal conditioning margins as for MMH,
As will be discussed later in the report, doublinz the heater power will provide adequate
but not equivalent thermal conditioning.

Dimensional Considerations

The thruster is required to fit into closely conirolied dimensional boundaries on the
space sluttle vehicle. Therefere, for this studyv, ths thruster length and outside overall
dimensions are not allowed to vary. However, Internal dimensions such as injector and
film cooling orifice diameicrs, injection angles, anc the propellant flew splits between
inner and outer combustion zones may be allowed to vary. Small changes can be made to
the combustion chamber length provided comper.sating changes are made to the nozzle length
to assure that the overall length and maximum ciamater remain constant and that perfor-
mance is maintained or exceeded. For other arplications this constraint does not exist, and
overall dimensions can be changed.

The study looks at two confipurations for the hycrazine-fueled thruster. One is the unmo-
dified shuttle thruster. Here, with .he exception of a change of heater power consumption
and a possible change of injector orifice or cavizy dimensions, no modifications are mac~

‘which require a change in tooling. The second confizuration, Configuraticn B, is one which

i« modifiel t~ meet the present temperature anc periormmance targets. Modifications which
n :sht require tooling changes are allowed for Confizuration B.

Other Space Shuttle Constraints

The thruster specification (Ref. 2) lists 1:any other requirements that the thruster
1sust meet. The potential problems discussed - this report are those which are expected
to affect the s}afety and integrity of the thruster.

In additien to the thruster specification, there n.uy o other shuttle vehicle-related con-
straints which can only be evaluated by the Systcm Manazer (Ruekwell/SD and the customer,
NASA). No attempt is made to evaluate the feas:hil:y of the ~onversion to hydrazine from
the viewpoint of system operation, vehicle safe:, 1. _istics, or maintenance,

14
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III. ROCKET PERFORMANCE

The One-Dimentional Equilibrium (ODE) performance analysis program (Ref. 3) was used

to predict the theoretical core gas temperatures and specific impulse for the shuttle thruster.
"Frozen'" nozzle flow was assumed downstream of the throat for the specific impulse calcu-
lations. Experience with small thrusters having short exhaust nozzles indicates that chemi-
cal equilibrium freezes very close to the throat. Figure 1 presented specific impulse and
core temperatures for 100% combustion efficiency as a function of core mixture ratio. These
predictions must be corrected to account for the losses in performance due to: (1) the use

of the fuel as a coolant and (2) the less than perfect combustion that éZiSt®in the combustion
chamber. An analysis procedure was developed for predicting these losses for the shuttle
thruster. This method was modified to account for the different physical and chemical
properties of hydrazine and is discussed in Appendix B.

The pexformance analysis considers that the propellants occupy three specific zones
whose configuration is dictated by the shuttle injector pattern - a film cooling zone
covering the interior cuamber walls anc two core combustion zones (Figure 10), The
analysis procedure for the core zones accounts for variations of doublet mixing efficiency
as the doublet Rupe number and contact time (or blowapart) parameters are changed.

It also considers the effects of the mixture ratios in each combustion zone and the effects
of changes in resultant momentum angle of the two propellants in each zone. The remaining
combustion efficiency terms, due primarily to secondary mixing within each zone and
between zones, are derived empirically from experimental data. These data correlated
best with chamber length. Finally, the performance increment due to the film cooling
zone is included using the assumption that the cooling zone gas temperature is a fixed
value. Appendix B describes the performance assumptions in more detail.

Rocket Performance Caleulations

The functional relationships discussed in Appendix B were combined into a com-
puter program which calculates the changes in specific impulse as the thruster design
parameters are varied. Figure 11 compares the predicted I, of the MMH and hydrazine
fueled thrusters using the thrce-zone model and incorporating the effects of Rupe number,
contact time, zone mixture ratio, momentum angle, and film cooling. The hydrazine
thruster performance is predicted to peak at an O/F of 1.2. Performance at the equal
volumetric flow mixture ratio of 1.4 is only slightly less thar that of the MMH thruster
at an O/F - 1.6, :

Relinements in Performance Predictions

The film cooliny study, discussed later in this report, was conducted subsequent to
the performance caleulations. It indicates that the liquid film for hydrazine persists for
only u.55 inch along e chamber wall as compared to 2.3 inches for MM and that the film
temperatures are higher than for MMH, This finding suggests that the performance of the

16
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hydrazine thruster will be higher than originally predicted due to a greater amount of
mixing between the cooling and outer core flow and also due to the higher specific impulse

derived from that portion of the cooling flow which remains unmixed. The additional S
specific impulse estimated due to these two effects brings the I, to 281.4 at O/F = 1.4, 255
This correction to the original prediction is also shown in Flgure 11 by the square symbol. L

The specific impulse of the hydrazine thruster is predicted to be only slightly better than
the MMH thruster at their equal volumetric flow ratios. Corrections were not made at
other than design mixture ratio since the thermal and mixing analysis were only conducted

at O/F = 1.4, i
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"IV, FILM CCOL NG ANALYS'S

Extensive literature is available regarding the analysis of film cooling in combustion or
other systems. From this, it is clear that the analysis procedure are complicated

by the large number of parameters affecting the transfer of heat from the hot gas core

to the liquid or gas coclant layers, These parameters include the physical properties

of the liquid and/or gaseous coolants (i.e., their density, viscosity, surface tension,
heat capacity, vapor pressure), the film coolant injection velocities, method of injection,
Reynolds number, Weber number, and temperatrres. The conditions in the hot gaseous
core such as its turbulence level, the relative velocity between it and the coolant flow,
the core wcmperature and core physical properties also contribute to heat and mass
transfer. Research to better define, simplify, and correlate the relationships between
these properties is continuing; but disagreements still exist on which of these parameters
are most important f. r predicting the effectiveness of film cooling.

Despite these difficulties, reasonable estimites of film coolant effectivciess have been
accomplished in the past, in those applications where some experimental data '.ere

available. The cxperimental data permit the calculation of an empirical factor which
accounts for maxny of the unknown or pooriy defined parameters. Most importantly, this
empirical factor permits the prediction of the effect of changes ot the film cooling parameters
provided that large deviations are not made from the original experimental points.

Cooling with Reactive Liquids

One of the areas where the least amount of film cooling research has been conducted
is in the use of reactive liquids us a film coolant, A reactive liquid is one which chemically
reacts with the hot core flow and thereby produces or absorbs thermal energy or one which
decomposes at the temperatures generated by the hot core and once again produces or
absorbs thermal energy. This is not to imply that combustible film coolant materials
such as JP-4, RP-1, methanol, butanol, or others have not been used in film cooling
investigations. \Vhen they are used, the tests are specifically designed to investigate
the differing physical properties of these liquids and to avojd the chemical reactions.

llydrazine and hydrazine derivatives such as monomethylhydrazine are fluids which are
capable of both decomposition and combustion reactions when nitrogen tetrcxide is used
as the oxidar* in the core flow. A significant body of literature directly concerned with
hydvazine droplet decomposition and hurning exists which documents that the droplets of
hydrazine (and its derivatives) are surrounded by clearly visible monopropellant and bi-
propellant flames in the caamber combustion environment. Figure 12 shows piciures
olitained hy Lawver (Ref. 4) and also Allison (Ref. 5) which illustrate the dual sheath of
Mame cencireling the droplet.
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Three vapor zones exist uround the drop in these figures. First, the liquid hydrazine is
vaporized by the thermal flux from the surroundings. When the vapor reaches the decom-
position temperature, it exothermically decemposes, producing the inner flame front ‘
quite close to the drop. The decomposed gases (the second zone) move outward where they
mix with the inwardly diffusing oxidizer. When an ignitable fuel-oxidizer ratio is reached,
combustion occurs, The resultant hot combustion gases (the third zone) generated by

the second flame front move outward and mix [urther with the ambient oxidizer rich gases
of the experiments.

The same concept of decomposition and possible combustion can be extended to the two-
dimensional hydrazine coolant film on the walls of the combustion chamber. Referring to
Figure 10, the liquid film coolant along the wall is exposed to the 5000° F gas temperatures
of the combustion core. This heat flux causes evaporation of the coolant and produces

a vapor layer above the liquid. A3 the vapor moves radially inward toward the core flow
(and is carried toward the nozzle), its temperature rises to the decomposition point and
the hydrazine begins dacomposing quite close to the liquid film ¢ 1d forming a decomposition
flame front over the coolant layer. As the decomposed products move away from the wall,
they mix with the core flow. Combustion may or may not occur, depending upon the amount
of oxidizer i the hot gases. Figure 13 illustrates these many possible zones in the film
cooled layer. Since decomposition and possible combustion of the vapox"ized coolant seems
sure to occur, one can visualize that a reactive liquid film cooling layer is covered with
one cr two sheets of flame due to its decomposition and pessible bipropellant combustion
flames when exposed to the very hot core gases. This is much more complex than the
conventional concept of a coolant layer. This chemical reactivity is believed to explain

the velativeiy poor cooling properties of such fluids as hydrazine ard MMH as compared to
more inert fluids such as water. "

Decomposition Model for Coolant

In this study, an approach was formulated to account for the effects of the decomposi-
tion flar.e above the coolant layer. This model fits the experimental data better than non-
reactive film cooling theory. No bipropellant reaction was considered for the thruster,
since the outer combustion zone normally operates [fuel rich, ard little or no bipropellant
reactions are expected.

Some simplifying results arise from the decomposition model., The evaporation rate of the
liquid hydrazine (or hydrazine derivative) is predicted to be independent of the core tempe . a-
ture or oxidizer content of the hot core gnses. It is rather primarily a function of the lami-
ﬁ nar flame speed for the decomposition reaction, In addition, as a result of the decomposi-
o tion reaction, the gaseous coolant [ilm temperature beyond the liquid layer rises rapidly to
2 the decomposition temperature of the fucl., Therefore, minimum temperatures of the coolant
gas is on the order of 1600-1800°F.

Appendix € presents the assumptions and caleulation procedures used for both the evaporative
and decompnsition film covling anulysis.,

3]
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VY. RESULTS OF THE ANALYTICAL PROCEDURES

‘Evaporation Model

To provide a perspective on the differences between the simple evaporation film cooling
model and the thermal decomposition model, calculations of the coolant evaporation rate
were first made assuming no decomposition. Evaporation is produced only by the heat flux
from the core combustion where the heat transfer coefficient is based upon Bartz's turbulent
combustion model. Figure 14 shows the calculated liquid film lengths as a function of film
effectiveness for both hydrozine and MMH. Film effectiveness is the percent of the original
coolant flow that remains on the wall for cooling. The effectiveness factor considers liquid
coolant losses due to splashing at the injection point and due to film instability. Appendix C
discusses the factors affecting the amount of liquid lost. As indicated in the flgure, only
48% of the liquid injected is calculated to he effective for cooling with hydrazine and 44%
is effective with MMH.

The important observation made from Figure 14 is that the evaporation model predicts that
the hydrazine liquid length is greater than that for MMH, and this contradicts experimental
data. The hydrazine liquid film is predicted to extend bevond the nozzle throat station, while
the MMH liquid film does not reach the throat. The evaporation model predicts a longer
hydrazine liquid length because the heat of vaporization of hydrazine is greater than that of
MMH and it therefore takes longer to evaporawe for the same heat flux, The liquid film for
hydrazine infers that the throat is at boiling liquid film temperature for hydrazine (400°F at
a chamber pressure of 150 psia). This is contrary to Marmguardt's experimental data on
prior thrusters. As discussed earlier, measured throat and wall temperatures with hydra-
zine have always been higher than with MMIH (2200-2540°F versus 1800 to 190u°F).

The analysis was carried one step further. The coolant gas tcmperatures were calculated
for MMH beyvond the liquid film. Figure 15 shows the predicted coolant film temperatures
as a function of coolant effectiveness for MMH. For the 44% eftective MMH film, the gas
recovery temperature at the throat is calculated to be 850°F, This evaporation model
prediction will Le compared to the decomposition model in the next section,

Thermal Decomposition Model

The liquid film lengths and gas lcmpémmres were calculated using the laminar burn-
ing velocity and decomposition temperature discussed in Appendix C. Figure 16 presents
the calculated film temperatures for the decomposition model as a function of film cffective-
ness for MMH. The liquid film is assumed to be at the temperature corresponding to the
hoiling point associated with the chzmber pressurc. When the liquid {ilm ends, the tempera-
ture of the gaseous coolant is assuried to rise to the 1600°F decomposition temperature in
the short distancc of 0.2 inch., Thereafter, hcat transfer to the decomposed coolant gas
from the core gases causes an additional temperature rise. For the MMII thruster witk the
cstimated 4477 cooling cffectiveness, the recovery film temperature is predicted to be
1620°F, The liquid film length is 2.‘3 inches,

24
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The two prediction models can be compured to experimental data obtained on the Shuttle
thruster in Figure 17, The predicted film recovery temperatures for the evaporation and
decomposition models and the measured outside wall temperatures on the chamber are shown,
The predicted temperatures have been corrented for the 150° F difference in temperature
between the insulated and uninsulated chambers. Separate computations conducted for the
Shuttle program indicate that film recovery temperature and throat temperature are almost
identical at the throat station for an insulated thruster. The decomposition model appears

to provide significantly better correlation with respect to both the magnitude of the throat
temperature and the sharp rise of wall temperature due to the rapid decomposition reaction.

I'igure 18 presents the calculated film recovery temperatures for film cooling with hydrazine,
For the estimated 48°; hydrazine film effectiveness, the predicted gas temperature is 2380°F.
Also observe that the liquid film length is only .&5" due to the 3 times higher mass burning
rate (evaporation rate) of hydrazine compared to MMH (Appendix C). The predicted film
temperature is now in the neight.orhood of the experimental temperatures measured on the
other Marquardt thrusters using hydrazine,

Film Cooling Nonuniformitv

Due to orifice manufacturing tolerances und the discrete number of injection ports,
the film coolant cannot always be laid down absolutely uniformly on the wall. Figure 19
illustrates the concept that liquid coolant length varies around the circumference of the
thruster,

The experimental data obtained on the present Shuttle thruster in conjunction with the
decomposition model can be used to estimate the degree of film nonuniformity. The decom-
position model for MMH (Figure 16) predicts that a large variation of film temperature can
occur near the throat of the thruster for small changes in film cooling. This occurs because
the decomposition zone with its rapidly changing temperature is at the throat location.
Assume that the minimum and maximum liquid film lengths are =57 of the average length.
Entering Figure 16 at an average effectiveness of 44’7, the film temperature is predicted to
vary betwveen 1150*F and 1680° F. The predicted film temperature difference of 530°F is
somewhat larger than the experimentul wall temperatures difference of 400°F., However,
the influence of chamber metal conductiviny is not included in the prediction and would act
to provide hetter agreement.

The hydrazine thruster throat section will be much less sensitive to variations in film
cooling pattern. TFrom Figure 18, the liquid film is predicted to end less than an inch
from the injector face. The same =3 variation in film length this far from the throat is
predicted to produce less than =25° I variation in throat temperature, Of course, larger
temperature gradients will still be produced upstream in the chamber where the liquid
film ends,

he MMIT thruster tomperature cun vary widely at the throat 1or small changes of the
film cooling effectiveness due to the rapid wmperiture gradients when the end of the liquid
Iilm approaches the throat, On the other hand, the hydrazine thruster requires strikingly

. e ———
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Lurge chunges of film effectiveness to cause ceven smull changes in the gas temperature at
the throat.

Sensitivity of Predicted Temperuture to Anulysis Assumptions

In view of the preliminary nature of some of the assumptions in the analysis, an
attempt was made to investigate the veriation in predicted temperature as the key elements
of the analytical assumptions are changed, Figures 16 and 1¢ already permit evialuation
of the effect of changing the liqui? film cooling effectiveness.

Figure 20 i1lustrates the effect of &ecomposition temperature upon the throat gas tempera- .
ture for the hydrazine thruster. A 200*F change in the decomposition temperature pro-
duces 2 100° F change in throat temperature when liquid film length is near the predicted
Iength,

Figure 21 illustrates the effect of core temperature upon gas film temperatures. A 400°F
change in core combustion gas temperature produces about a 70° F change in throat temper-
aure at predicted liquid film lengths.

Predicted Hvdrazine Thruster Throat Temperuture

The previous analysis provides sensitivity coetficients which indicate how much
the film temperature changes for a change of combustion gas temperature, a change in de-
composition temperature, and a change in film cooling effectiveness. To calculate the throat
temperature for the hydrazine thruster, the values of these three parameters must be defined.
The film cffectiveness for hydrazine was calculated to be 0.4%, the decomposition tempera-~
ture was assumed to be 1800° I, and the combustion temperature at reul thruster combustion
efficiencies was estimated to be 4660° F from the performance calculations. Figure 18 can
be used first to find the predicted film temperature {or a combustion gas temperature of
3010 ¥, wnd the above values of effectiveness and decomposition temperatures. The com-
hustion sensitivity coefficient can then be used to correct the data of Figure 18 for the com-
hustion temperature of 4660* F, Performing this calculation indicates that the predicted film
temperature will be 2310° F, Therefore, for the insulated 1 ster the throat {emperature
will also be very close Lo 2310°F,
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VI. PERFORMANCE TRADEOFFS

Gne objective of this program was to predict the performance of the Space Shuttle Reaction
Control System Thruster when hydrazine was used as the fuel. It was originally anticipated,
cn the basis of prior testing with other thrusters, that the specific impulse would he ahout
the same at the equal volumetric flow miature ratio but that chumber temperatures would

be above the original shuttle thruster target of 2100°F. This expectation led to the concept
of a "modified" configuration specifically tailored to hydrazinc fuel. This thruster, Config-
uration B, would incorporate changes which would result in reducec chamber temperatures
but which would not violate other signrificant space shuttle design constraints. In this section
of the report we examine the effects of possible thruster moditications upon the specific
impulse and throat temperature.

Performance Tradeoffs

Specific impulse and nozzle throat temperature arc uscd as the two primary tradeoff
parameters. There are significant differences between the MMH and the hydrazine-fueled
thructers relative to these parameters, and since an examination of these differences leads
to a better understanding of the tradeoifs, the performance with the two fuels will be com-
pared. Since the throat temperature of the MMH-fueled thruster is low, any changes made
to the thruster can be oriented solely to improving the specific impulse. The hydrazine
thruster, on the other hand, wiil be operating at higher than the maximum target tempera-
ture. Therefore, modifications must {irst be made which reduce chamber temperature.
Since this will penalize specific impulse, additional changes will be required to recover
performance.

Concept of Development Risk

In the following sections statements regarding "development risk" will appear. The
concept of development risk will be based upon the following hypothesis: Virtually any
solution to a problem, even a very diff.cult one, provided it is physically permissible, can
be carried through to a physically realizable design if a sufficiently large amount of money
is appropriated and an indefinite amount of development time is allowed. I the budget of
time and money is limited, then whether or not the design is realizable becomes uncertain.
The greater the limitation, the greater the uncertainty.

Experience with complex projects substantially supports this hypothesis. It is to be noted
that the hypothesis does not state that it is proper, economical, or practical to allow exces-
sive budgets for development.

Development risk thereby is related to the fime and money required to achieve a physically
realizable objective and the magnitude of the risk depends upon the amount of fav orable (or
unfavorable) evid-nce that exists at the present time. The amomt of risk involved in

. ) , : . tho 'DOS hanging the specific impulse an \ R
making a change in the thruster for the purpose of chunging the sj ! on%ﬁﬁ“‘ PAG

oF POOR QU

B =" F T 0g 0 x - oy




3 . it g %

& /C?[IN/U{I/’(” N A L Report 1423
IRUANY
,;;,
j chamber temperature will be assumed to be reluted to the amount of experimental data which
b docuraents or supports the analytical predictions for the change. If experimental data exist

] which document the cffect of a specified change, then that approach is said to have a low risk
o for achieving the goal. If no experimental documentation exists for a given change or approac!
j that approach is said to have undetermined but higher risk. Finally, if experimental data r
<3 contradict the analytical predictions or discluse other detrimental effects for a specific
;,,-,” thruster modification, that modification is said to have a high development risk.
~'~ The applicable experimental data which have been obtained at Marquardt can now he examined
T3 to provide both a qualitative insight into the risks and a quantitative measure of the effects .
Tl of certain design variables upon performance.
] Effect of Chamber Length
”g, Figure 22 presents data obtained from tests of an ecarly shuttle configuration where
Y the chamber length could be easily changed. Additional experimental data obtained later

in the development program when the chamber length was changed from the original 3-inch
length to the 2, 5~inch length substantiate the early data. Th2 incremental change of specific
impulse are shown as a functivn of length using the present chamber length of 2.5 inches as
a zero reference, Specific impulse can be improved or degraded by six seconds for small
changes in combustion chamber length. Also shown are measured throat temperatures as a
function of chamber length.

Effcct of Iniector Double Offset

The shuttle thruster uses a single ring of unlike do~blet elements (i.e., fuel jets
impinge upon oxidizer jets). These doublet elements are closely spaced around the ring
and considerable splashing and beneficial interaction occurs vetween adjacent doublets. For
single doublets (without interference from other doublets), experimental investigations have
revealed that the optimum mixing and performumcee is obtained when the centerlines of the
two impinging liquid jets are exuctly lined up with euch other (i.e., intersect with each
other). This is called zero offset of the doublet centerlines., When the centerline offset 1s
muade inereasingly larger than zero, the performiunce of the single doublet injector slowly
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0.006 inch, the thruster performance hegins to improve and continues to improve over a
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o degrades (Rlef. G).
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;"_ij Fxperimental data obtained with the closcly -spaced doublets on the shuttle thruster indicate
N that performance is improved when the doublets arce oftset sufticiently, Figure 23 shows
.'":1 that offset initially makes no change in performance.  Wher the doublet offset exceeds

o

1'1 wide rinze of ollset. This improvement can he attributed to a gradual tilting of the propel-
[;_} lant fans. When the fans tilt bevond o certain angle, they begin to overlap cach other in o

2‘ 4 manner which improves secondary mixing.

S

3 Specilic impulse nanrovements between four to live seconds were achicved over a fairly

“»

wide range ol olfsct tor three stightly ditierent test conlizurations during the program to
optimize the shuttle injector,  Little or no change ol throat temperature was observed during

.t
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these tests.
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Interactions Between Film Cooling and Performance

Experimental data on the effect of film cooling upon specific impulse has been
obtained only over a relatively narrow range of cooling percentages. The observed
magnitude of the specific impulse change for a small film cooling change is close to
the instrumentation accuracy and a relatively large data scatter was evident. As a
result, reliance is placed primarily upon the analytical predictions rather than ex-

perimental data.

- The film cooling model considers that a portion of the {ilm cooling which splashes on
the chamber wall moves back toward the face of the injector and, thereby, cools
that region of the chamber. This was a specific design goal for the film cooling con-
figuration, It also considers that additional liquid is lost from the film cooling which
moves toward the throat. This latter loss is due to instabilities in the liquid film that
cause waves to form., These waves break up into droplets that leave the liquid film.
Whot happens to the liquid cooling flow that is “lest" from the cooling film? The SSRCS
Thruster design, with its outward and inward momentum angles, induces re-circulation
eddies within the thruster which encourage mixing of the "lost” coolant with the outer
zone flow, In addition, a portion of the vaporized coolant can mix with the core flow but
the amount of mixing depends upon the length of the mixing distance (i.e., how soon the
liquid film is vaporized).

The MMH-fueled thruster with the liquid film extending to the throat of the nozzle (2.3~inch
liquid length) is expected to have less vapor mixing than the hydrazine thruster, which is
predicted in Section 4 to have a liquid length of only 0.85 inch. Therefore, hydrazire vapor
and droplets which are generated at the beginning of the chamber have a greater chance of
mixing with both the core flow and its recirculation eddies.

To evaluate the effect of mixing with the outer zone core flow, the thruster performance
analysis equations were modified to include a mixing factor. As indicated by Figure 10, the
original performance analysis procedure considered three completely independent zones -
the inner combustion core, the outer combustion zone, and the film cooling zone - which did
not mix with each other. For the revised znalysis, the hypothesis is made that some mixing
occurs between the film cooling zone and the outer combustion zone. The mixing factor is
the {raction of the film cooling which mixes with the outer combustion zone. The fraction
which mixes with the combustion zone increases the mass flow and reduces the mixture ratio
(O/F) of that zone. The film cooling zone mass flow is reduced. The change in thruster
specific impulse due to these changes in mass and mixture ratio distribution is calculated to
define the effect of the coolant mixing.

The percentage of {uel used for film cooling affects the thruster performance, since the
momentum angles, Rupe number, contact time (D/V), and zone mixture ratios change as
the film cooling percentage changes. Figures 24 and 235 show the predicted effect of mixing
upon the specific impulse of the MMH and hydrazine thrusters. The independent variables
arc the amount of coolant flow and the degree cf mixing. A number of observations can be
made from the computed results. One unexpected result is that reduction of coolant flow
below about 12%, of the total flow does not result in increased thruster performance for this
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injector design. Any further reduction of coolant flow adversely affects the outer and inner
zone performance parameters of the doublets and, thereby, reduces performance more than
the reduction of coolant flow improves it. A further observation for the MMH thruster is
that improved mixing between the coolant zone and the outer combustion zone first acts to
improve performance, but when mixing exceeds 50% no further improvement occurs.
Analytical predictions for the hydrazine thruster show some differences. The performance
is more strongly affected by both the amount of film cooling and the degree of mixing with
the outer zone flow. For this injector design, performance continues to increase as the
mixing factor is increased. -

The question of how much mixing between the coolant and combustion zones occurs in
cach thruster must still be answered. Limited experimental data, when the amount

cf film cooling was varied, indicates that 25% mixing curve matches the data for the
MMH thrusters (i.e., the experimental change in specific impulse corresponds to

that predicted for 25% mixing factor over the limited range of film coolant flow tested).
Since increased mixing is expected in the hydrazine thruster due to its three times
faster evaporation rate, a 50% mixing factor was arbitrarily assumed for it for the
performance calculation,

Nozzle Performance

The emphasis on the original Shuttle procurement was minimum weight and small
envelope, along with reasonable good performance levels. Since high premium was
put on the first two items, the 22:1 exhaust nozzle bell was made very short 65%
of an optimum Rao nozzle contour), Experimental data indicated that increasing nozzle
length by 1 or more inches will provide a positive specific impulse increment of two or
more seconds. Throat temperatures remain unchanged.

Optimizing the Injector

According to the performance analysis model, the shuttle injector configuration is
not the optimum configuration for MMH;; that is to say, the Rupe number, the contact time,
the local mixture ratios, and the momentum angle are not at their optimum values at the
design operating point. An improvement of approximately four seconds of specific impulse
is predicted if the injector were to be "optimized" (with a corresponding increase in throat
temperature of 50°F).

) For the hydrazine-fueled thruster, similar improvements can be obtained, Figure 26 shows
3 the difference in performance hetween the present shuttle thruster (Configuration A) and
3 a thruster with the injector optimized at each mixture ratio, At an O/F of 1.4, approxi-
.} mately four seconds' improvement is predicted, Significantly larger improvements are
3 possible at lower mixture ratios. The achievement of these performance improvements
requires modification of the propellant injection angles, orilice diameters, propellant
3 velocities, and propellant distribution between inner and outer combustion zones. In parti-
] cular, the changes of the momentum angles of both inner and outer zones provide the major
ﬂ portion of the performance improvement.
d
1
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During the early phases of the Shuttle program, optimization experiments were made.

At that point in time, the analytical performance analysis methods had not heen completed
and, therefore, the modifications were based upon existing knowledge and were limited
by manufacturing and time constraints, Changes were made of doublet orifice diameters
and of the inner combustion zone momentum angle, Over the range of orifice diameters
tested, little or no significant change (relative to measurement accuracy) in specific
impulse was found. Stbsequent analysis substantiated that the specific impulse is not
sensitive to changes in either fuel or oxidizer orifice diameter,

In another portion of the optimization program, the resultant momentum angle of the

inner combustion zone was changed nine degrees further inward. As predicted (later) from
momentum angle considerations, a decrease of specific impulse was noted (four seconds). -
At the same time, however, a large reduction of throat temperature was measured

at high off-design mixture ratios. No measurable temperature change was ohserved

at low or moderate mixture ratics. Returning the momentum angle to its original

outward position caused a return to the higher specific impulse and the higher chariver
throat temperatures at high mixture ratios shown in Figure 7. The experiment verified
the importance of momentum angle upon performance, The higher performance con-
figuration was selected since throat temperatures were still within target levels and

very large safety margins existed for the columbium material.
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Since the performance optimization discussed above would require still further outward
rotation of the inner zone momentum angle, a further increase of wall temperature is
implied. Experimental data, therefore, exist which indicate that inner momentum angle
changes which are beneficial to specific impulse are, at the same time, detrimental to
chamber temperatures. In terms of developmental risk, momentum angle modifications
for optimization of specific impulse offers a high development risk due to the experimental
evidence of an important negative effect upun wall temperatures.
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Our understanding of the reason for the contrary interaction is presently incomplete, The
existing analytical film cooling model cannot account for momentum angle effect upon cool-
ing and temperature at the present time.

Since the dominant factor in optimizing the injector performance is found to be the momen-
P § tun angle (rather than contact time, Rupe number, or zone O/F ratio), a rating of "high
risk" relative to development cost and time must be assigred to any changes that affect
this injector momentum angle,

MMH Thruster

Figure 27 illustrates the type of performance improvements which can be made for
the MME-fueled SSRCS thruster and indicates the effect of these improvements upon
thruster throat temperature, The particular sequence of improvements were selected
according to increasing developmental risk and cost. The first improvement - an increase
in exhaust rozzle length - is an experimentally verified improvement which also imposes
no penalty in chamber temperatures. The second least risk improvement is the use of
offset doublets. IHere, a small increase in chamber wall temperature occurs due to the
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increase in core temperature, Further improvements can he made by increasing the com- .
bustion chamber length and reducing film cooling. Both of th” ,e produce significant increasei
in wall temperature. The performance improvements here ure also based upon experimental-
data and, therefore, the risk is relatively small, The highest risk approach - optimizing the
injector - would produce a relatively large gain in performance without much further change -
in throat temperature at the design point. However, as discussed earlier, it would involve
changes in the injector momentum angle which were found to cause significant in¢rease in
chamber temperature at high off-design wixtures (see Figure 7).

It must be emphasized that these performance-temperature tradeoffs are presented
without considering the constraints imposed by the present Shuttle requirements for
safety margin, envelope, and costs. Furthermore, the tradeoffs illustrated are aimed
primarily at performance iraprovement, with some penalty in chamber temperature
margin, For instance, the film cooling could be used to decrease the wall temperatures.
In this event, performance would be decreased as shown by the dashed line,

It is clear from Figure 27 that increasing the film cooling to cool a 3.5-inch chamber is
a poor choice since this reduces the specific impulse more than changing the chamber
length does. Instead, a sm=ll inciease in chamber length (say 2.75~inch from 2,5) while
keeping the 24% {:lm cool’ 1z would be the better way of increasing performance #f,

for instance, the wall temperature of 2060° F was desired.

Figure 27, therefore, illustrates a few of the many combinations of changes that

can be made in specific impulse and throat temperature. By appropriate combinations
of the suggested modifications, the thruster can be tailored to provide arbitrarily
specified values of botii specific impulse 2and wall temperatures (within certain limits).
Each specification would have different weights, costs, aud risks associated witn its
achievement.

Hydrazine Thruster

Since the use of hydrazine as the fuel is predicted tc result in throat temperatures
higher than the re-entry temperatures, the emphasis for a hypothetical Configuration B
should be to reduce throat teraperatures without sacrificing performance. The throat
temperature can be reduced by reducing chumber length and by increasing the film
cooling. Figure 28 shows the relative tradeoffs between specific impulse and threat
temperature for the two approaches. These curves were derived from the anal tical
film cocling model and the analytical and experimental performance data, Like the
MMH thruster, a small reduction of chamber length is predicted to produce a smaller
loss in specific impulse for a given reduction of throat temperature than will be produced
by an increase of the film cooling. This conclusion is somewhat disappointing hecause
an increase in the diameter of the film cooling orifices wrs uriginally visualized as
a less costly and less difficult modification of the: MMH thruster than reducing the length
of the combustion chamber. Using these and prior predictions, we can now hegin to
crcate Configuration B,
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In evaluating the developmental risk, the assumption is made that, due to the propellant
similarities, the experimental data obtained from the MMH tests can be carried over to
the hydrazine thruster.

Figure 29 illustrates two of the maay possible modification paths that Configuration B
could follow. Both start from Configuration A at I, = 281 seconds and T = 2310°F
(the baseline Shuttle thruster). For this analysis, attention will be paid to the Shuttle
dimensional crnstraints. Chamber or nozzle lengths are not changed unless other
dimensional changes will compensate,

One path is an attempt to meet both the Shuttle specific impulse and the original

Shuttle throat temperature targets (2100°F). Shortening the combustion chamber is
more effective for reducing wall temperatures with less penalty in specific impulse.
Reducing the chamber length from 2.5 inches to 1,8 inches brings the throat temperature
down to 2100°F with an attendant reduction of specific impulse. The nozzle length can be
increased the same amount the chamber was shortened, thereby recovering some of

the lost performance. Offsetting the injector doublets raises the performance to the
target specific impulse with only a small penalty in temperature, Finally, a further
improvement can be made by optimization of the injector with only a small increase of
temperature. This version of Configuration B now provides superior specific impulse
than either Configuration A or the MMH-fueled thruster with : throat temperature less
than that due to re-entry heating but highe' than the original shuttle target of 2100°F,

The second path shown in Figure 29 is one which only considers performance improvement
Offse“ting the injector doublets and optimizing the injector provides increases in specific
impuise with minimal increase upon throat temperature. Throat temperatures are

above target and re-eutry values. The hvdrazine thruster appears to be destined by

the high film coolant decomposition temperatures to operate at higher temperatures

than the MMH thruster, Relatively drastic thruster changes are required to effect

small reduction of temperature, However, as illustrated in Figure 5, rather large
temperatura safety margins exist even at these temperatures,

In conclusion, the objective of providing a hydrazine thruster with the sa've specific
impulse as the MMH fueled thru-ter and & maximum throat temperature no greaier than
2250°F can be achieved by a "Configuration B thruster. It consists of the same injector
as the MMH thruster but with offset doublets, a 1.8-inch chamber, and 4 longer nozzle to
achieve the same overall installation dimensions. These proposed changes consiitute
'low risk” modifications based upon the cxperimental data with the MMH thruster.
Further improvement in specific impulse, with little change in throat temperature, is
possible for an “optimized"” injector but at a greatly increased development risk.
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VII., PULSE MODE OPERATION AND COMBUSTION
STABILITY CONSIDERATIONS

The study has, so far, only examined steady state operation of the hydrazine thruster. Since
the shuttle SSRCS rocket is used for maneuvering control of the shuttle vehicle, it is required
to provide thrust pulses as shoxt as 40 milliseconds in duration. Pulsing rockets have spe-
cial problems related to the pulse mode operation and additional criteria must be satisfied

to assure safe and reliable pulsing mode operation. Pulse engine operation in near space
causes some unusual mass and heat transport effects which can lead to damaging explosions
within the propulsion unit unless they are considered in the desigh phase., Four iaterrelated
explosive events have been documented in past development programs. They have been iden-
tified as: (1) ZOTS, 2) condensed phase explosions, (3) vapor phase detonations, and (4)
transducer cavity explesions. Each is generated by different combinations of the unique
mass aud thermal transport mechanisms inherent to pulsing thrusters. During the repeated
pressurization and evacuation of the combustion chamber ard injector in a low pressure
environment, the pulsing engin' is able to transport or store explosive materials in various
portions or cavities of the thruster. All of the explosive events occur upon ignition of the
rocket, but the explosive material is usually deposited from the previous pulse or pulses.

A brief definition of terms is first given and then followed by a detailed discussion.

Vapor Phase Detonations

Vapor phase detonations can occur due to the accumulation of the unburned
combustible propellants during the period of time required to cause an ignitinn
reaction between the vaporized hypergolic propellants at low ambient pressures.
Vapor phase detonations are usually not damuging to the pulsing thruster
because the magnitude is relatively small,

Condensed Phase Explosions

Under certain thruster pulsing or shutdown conditions, it is possible to accumu-
late condensed propellant in combustion chamber of ne thruster either in liquid
or solid form due to condensation or freezing of fuel residues upon cold cham-
ber walls. If the thruster is reignited with condensed propellant in it, very
large and potentially damaging explosions can occur in the combustion chamber.
During such an ignition, both a vapor phase detonation and :n explosion of the
condensed phase occur,
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Oxidizer Manifold Explosions (ZOTS)

A ZOT is essentially a condensed phase explosion which occurs within the
oxidizer manifold. The transport mechanism that carries the fuel into the
oxidizer manifold is more complex than for the condensed phase chamber
explosion. Bul it, too, requires a surface cold enough to cause condensa-
tion of the fuel at the low chamber pressures that exist in near space during
and after shutdown portion of the rocket pulse,

Transducer Explosions

During the ignition transient, gaseous, liquid and solid forms of combustible
and explosive preignition materials fran the thrust chamber are pumped

into the trznsducer cavity which had previously been at vacuum conditions.
While the amount of materials entering the cavity upon each ignition is small,
they condense in the cool transducer and continue to accumulate for hundreds
or thousands of ignition pulses. Finally the devosits are exploded by thermal
energy carried into the transducer during a long series of pulses or by a
chance detonation wave caused by ignition of the rocket. The explosion can
cause a malfunction of transducer sensing element.

A common feature of these explosive events is that temperature and pressure
differences from one part of the thruster to another cause condensation of

~ fuel or reaction products and provide a driving force for transporting the fuel.
Another common featire is that the process is time dependent. Explosioas
only occur for certain pulse duty cycles and not for others. The switch ‘rom
one fuel to another has important effects upon these occurrences because the
freezing points, vapor pressure, and explosive characteristics of each fuel
are different. Having provided some insight into the different kinds of ex-
plosive events, estimates of the effects of switching to hydrazine will be made,.

Vapor Phase Detonations

The vapor phase detonation results from the ignition of a chamber full of a detonable
mixture of fuel and oxidizer vapor (including suspended liquid or solid droplets),

' Befove ignition, the thrust chamber is at a pressure less than the vapor pressure of both

propellants. Thus, both flash into liquid, solids, and gas as they enter the chamber. The
hypergolic ignitirn reactions occur slowly in the cold propellant vapor produced by the
expansion to low pressures. By the time ignition occurs, enough propellant has entered
the chamber to produce detonation pressures ranging as high as 600 psi in some thrusters.
A substantial amount of documentation has been obtained on the characteristics of these
vapor phase detonations. Figure 30 shows the maximum ignition overpressures measured
for the vapor phase detonations in a number of Marquardt 100-1bf thrusters which operate
at 100-150 psi steady state chambe:* pressures. These thrusters use solenoid operav=d
valves which pass full propellant flow prior to ignition. The vapor phase detonations are
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nor)nal occurrences for pulse rockets Lecause their fast acling valves permit large amounts
of propellant to enter the combustion chamber during the ignition delay time period. No 3
case of engine damage from this type of igunition spike has ever heen ohserved at Marquardt. =
'The shuttle 8723-1bf thruster uses a pilot-operated (two-stage) valve and exhibits significantly *
lower vapor phase detonations because ignition occurs on pilot valve flow prior to the estab-
lishment of full flow from the main valve stage. The vapor phase ignition overpressure 3
ravely exceeds design operational pressures (150 psia). Maximum ignition pressure of o
250 psi (Figure 30) have been measured for MMH. -

When the propellant is changed from NMMH to NoHy4, higher ignition detonation pressures
are expected because hydrazine, with its lower vapor pressure and higher freezing point, ’
produces larger amounts of liquid and soiid hydrazine in the chamber prior to ignition.
However, the vapor phase detaonations still will not cause damage. It is the condensed
phase explosions, ZOTS, and transducer explesions which may cause problems,
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Condensed Phase Explosions

During the engine shutdown, the fuel is the last propellant to drain from its manifold
from thc dribble volume hecause its vapor pressure is lower than that of the oxidizer. A
layer of fuel may freeze or remain on the chamber walls if the wall temperature is suffi-
ciently low. As the pressure in the chamber decays to zero or to the ambient pressure, the
material on the wall begins to evaporate (or sublime). Depending upon the off-time between
pulses, this fuel may completely evaporate before the next pulse. This is a function of the
temperature of the chamber wall, the ambient pressure, and the off-time between pulses.
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The condensed phase explosion fype spike has entirely different characteristies. It consists
of an explosion which consumes frozen or liquid propellant on the wall of the chamber.
When an explosion takes place in this frozen material, very high local pressures can be
exerted on the chamber wall which is diractly adjacent. These pressures can damage
engines since it is analogous to exploding a plastic explosive on a wall. For this phenomenon | _
to occur, a mechanism must exist for depositing this explosive material on the wall of the i
chamber. Study of this problem has revealed that the explosive material is frozen, or
=~  liquid fuel left from the preceding pulse which has subsequently been sensitized (made
exolosive) by the addition of oxidizer. If this frozen fuel is on the wall and an oxidizer
is present in the preignition gases, the resulting compounds are explosive. The sub-
seqr -nt ignition of vapors in the chamber then triggers a high pressure explosion in the

material on the chamber wall.
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If the propellant valves are opened for the next pulse before all of the residual fuel evaporates,
the fue' on the walls can explosively ignite and induce high local stresses in the chamber
walls. In early Apollo 100-pound force thrusters, ignition pressures greater than 2000 psia
were observed, Bursting of the brittle Molybdenum chambers would oceasionally occur.

This led to a program which showed that Jarge ignition overpressures could be avoided by
temperature control and engine design techniques (minimum dribble volume) that prevent
accumulation of residual materials in the combustion chamber after shutdown,
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g J The Columbiwum (C-103) used [or the chamber walls is a ductile material that is

T designed to absorb these explosions. The injector head dribble volume is small,

= thereby reducing the amount of fuel which can enter the chamber after the valve
closes. However, to insure long chamber life, the Shuttle thruster head and chamber
are heated to encourage rapid evaporation and to avoid freezing or nondensation of
propellants. This prevents the condensed phase explosions from occurring.
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The freezing point of hydrazine is 34.7°F compared to -62,5° F for MMH. To avoid
condensed phase explosions, the temperature of the combustion chamber and head must
at least be higher than the freezing temperature of the fuel. It must also be warm
enough to cause rapid evaporation of the liquid fuel spilling into the chamber. Figure 31
can be examined to obtain an approximate idea for the amount of head and chamber
heating required to avoid freezing of the hydrazine. It shows the temperature gradient
along the inside of the insulated thruster when it is not firing and is exposed to (looking
< at) the cold space environment. When the heater produces an injector head temperature
Lo of 57°F, Figure 31 shows that the chamber wall temperature at the throat staticn can
drop as low as 24°F (or 10°F below the freezing point of hyd~azine). To raise that
temperature to at least the freezing point roquires that the head temperature be at

least 67°F. If a 20°F margin is assumed necessary to provide some safety margin,
the head temperature required to avoid severe condensed phuse spikes due to freezing
approaches 90°F,
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i Experimental data with MME (Ref. 7) indicate that a failure of Apollo Molybdenum cham-
1 bers occurred when nozzle bell temperature (measured at a position eguivalent to

Station 3 in Figure 31) was chilled to 10°F and no failures occurred when the tempera-
ture was 20°F. The bell temperature had to be 70-80°F warmer than the -63°F freezing
point of the MMH to avoid an occasional large condensed phase explosion capable of
shattering a Molybdenum chamber.

Test data were also obtained with A-50 (50% hydrazine, 50% UDMH). Shattering of the
chamber occurred at bell temperatures of 50°F (i.e., 15°F warmer than the 35°F [reeze
point of the hydrazine component). No experimental data werc obtained at higher tempera-
tures with the hydrazine/UDMH fuel. If the same margin is required for hydrazine as

for MMH, a bell temperature of about 104-114°F would be indicated. However, one pos-
sible interpretation of test date of Reference 7 indicates that a bell temperature of 60°F
would have avoided large ccndensed phase explosion (i.e., 25°F warmer than the f- ezing

point of hydrazine).
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The experimental data is not conclusive due to the use of A-50 rather than hydrazine, but
it does clearly suggest that an additional temperature margin of 40-103°F is requirea to
provide equivalent protection from condensed phase explosions,

As mentioned earlier, both the relatively smaller propellant manifold volumes and the
ductile Columbiwm chamber material of the shuttle thruster significantly increase the
safety margin for conasnsed phase explosions, compared with the Apollo thruster. There-
fore, the thermal conditioning requirements are less for the shuttle engine.-

In summary, the investigation indiéates that thermal conditioning of the hydrazine thruster
be at least 10°F higher than the present 50-90°F range of the MMH thruster, Head tempera-
tures of 90-130°F are indicated to provide an equivalent safety margin.

ZOTS (Reference 8)

A ZOT is an explosion in the oxidizer manifold, After valve shutoff, the propellant
manifolds empty at different rates. When the chamber pressure decays, the high vapor
pressure oxidizer manifold empties first and then the low vapor pressure fuel manifold.
When the oxidizer manifold is emptying, its temperature drops due to the evaporation of
the nitrogen tetroxide at the 1ow chamber pressures. Cooling of 50°F has been measured,
and this chillirg provides the mechanism for transporting fuel vapor into the oxidizer mani-
fold. The fuel spilling into the warmer combustion chamber after a firing is vaporized,
and this vapor enters the now empty oxidizer manifold where it condenses upon the cold
surfaces. The condensation lowers the pressure, causing more vapor to enter the mani-
fold, Condensation continues until the chamber empties or the manifold warms up enough
to stop condensation. When the thruster is restarted, the reaction between the incoming
oxidizer and the previously condensed fuel produces an explosion in the small volume of
the oxidizer manifold. This can generate pressures as high as 20,000 psi (Apollo 100-1b
thruster) and can cause damage to the Teflon seat in the valve.

The "ZOT Plot" for MMH shown in Figure 32 defines the flight regime region where ZOTs
can occur, The heavy line is the vapor pressure line for MMH expressed as a function of
pressure (:ltitude) and temperature. Strong ZOTs are possible above the vapor pressure
line, and few occur below it. The shaded zone shows the region in which :he thruster must
operate,

The SSRCS is required to {ire in the atmosphere at altitudes as low as 70,000 feet. \When
the atmospheric pressure in the chamber after shutdown exceeds the vapor pressure of the
monomethylhvdrazine, the vapor remains in the chamber for very long time-periods, and
substantial amcunts may condense in the chilled oxidizer manifold. Once in the oxidizer
manifold, the condensed fuel does not re-evaporate easily when the ambient atmosphevic
pressure is greater than its vapor pressure. A ZOT occurs after the oxidizer valve opeus.
These explosions do not occur in space because the vaporized fuel escapes from the cham-
her so fast in a vacuum that little can condense in the manifold. If any did condense, it,
too, would rupidly re-evaporate., The lower dashed line p\.apm./z represents the atmos-
pheric pressure at which fuel vapor within the thruster reaches sonic velocity in the cxhaust

36

L2



N O S TUFL IR W Y W e T e o Pt L .
o3 nadies b ol I RO : . A J‘.ﬁ\. % TPV UL

FPPBO SN

Report 1423
A27=-10-1172-3"

ZOT PLOT

ll(')f(// VAN NUYS, CALIF(E% 2

COMIANY

/'(/

THE ¢4 5

H .
ol

LA AL,

A
=
o«
[- ™
8
(L334 000D - 3aniiLv
LA | s S&TdTd & & 4
ra) N ~ o = Nl g w0 o N
857
£ w7
=Y
=/
Y
M _ w
| & AYIN3IIY 3 IN3ISY ONIUNG ONILVIH INJISNVHL © |
7 { 8-
N
USNA A SIHL NIHLIA 3YNLVY3dHIL Q]
J%y LVLS AGYILS SNIVANIVW ¥ILVIH WOLIIPNI o
7 17 /# Y °
Z 2
INIALIWI 0T0JINVW S _
. m /jlw/ ON17003 LN3ISNVYL
= b il N NN N
3 .ﬁ ANSNNNN SNANNANNNNY A/ﬁ NS é/M, NNNN\NY
U | ——
o ~—— N / e,
.||._. NZ r;/ /
o <
[72]
pos —
S = =]
(VISd) - 34NSS3id

FIGURE 32

600 °R

550
MANIFOLD TEMPERATURE

500

450

| . C- * » - .
YR A e oS,

400
T kY

-~

ol I



- THE 4 5
. /%]”/U(Iﬁ// VAN AUYS, CALIFONIA Report 1423

COMPAM)Y

P nozzle. This line defines the altitude at which the evaporation efflux rate is the same as
in space. The cvaporation rate reaches a maximum at this condition, and the stay time of
the fuel in the chamber is shortened enough to limit the amount of fuel which can condense
in the oxidizer manifold.

The thruster operating temperature limits are more difficult to define, An electric heater
on the injector head attempts to maintain the manifold temperature between 50°F to 90°F,
However, after the thruster firing is terminated, portions of the oxidizer manifold can be
chilled as much as 40°F below the minimum regulated bulk temperature of the head for
certain periods of time due to the evaporation of the residual oxidizer., This transient
cooling to 470°F defines a potential low temperature limit of 470°R. Examination of
Figure 32 indicates that strong ZOTs are possible if the thruster is fired between 70,000
to 120,000 feet altitude.

However, ZOTs are not expected to occur cduring the possible re-entry maneuvers due to
aerodynamic re-entry heating. Re-entry heating is especially severe in the forward
thrusters and substantial for the aft engines. The manifold temperature of re-entry man-
euvers at 70,000 feet depend upon the amount of prior firing time. Typically, they are
calculated to range from 90°F to 300°F. The cooler temperatures are a result of prior
engine firings where the propellant flow serves to cool the re-entry heated thruster. At
these temperatures, Figure 32 indicates that the MMH-fueled thruster will not be subject
» to damaging ZOTs.

o Figure 33 illustrates the change in the flight regimes when the fuel is changed from MMH
o to hydrazine. Due to the lower vapor pressure of hydrazine, the ZOT region has been
moved approximately 42 degrees to the right side of the figure. ZOTs can occur over a
larger portion of the present shuttle operating region.

To provide an equivalent ZOT-free envelope capability, the hydrazine-fueled thruster needs
to be kept 42 degrees warmer than the MIMH thruster. This can be achieved by increasing
the heater power. There are other reasons that additional heating is believe necessary.
The freezing point of hydrazine (35°F) is too close to the present minimum injector head
conditioning temperature of 50°F and to the shuttle vehicle propellant conditioning tempera-
ture of 40°F. The additional heater power will insure a more adeguate margin against
freezing the fuel in the lines and valve,

ZOTs can occur for only a limited range of pulse duty cycles. Figure 34 provides some

S information regarding the effects of pulse on-time, off-time and other parameters upon the
P magnitude and frequency of ZOTs. Tests were conducted at close to 70,000 {eet altitude
S with propellant and manifold temperature in the region where strong ZOTs can occur, As
A indicated in the figure, off-times in excess of one second are required before encugh fuel

enters the oxidizer manifold to cause a manifold explosion. The explosion amyplitude and
the frequency of explosions increase as the off-time increases to 15 seconds. For off-
tiines longer thar 15 seconds, evaporation of fuel out of the manifold and back to the cham-
> ber acts to reduce the magaitude and frequency, No dumage to the shuttle valves cceurred
with these relatively mederate ZO0Ts.
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The important conclusion thut can be drawn from the ZOT plot is that ZOTs occur over a '
wider range of altitudes for hydrazine than for MMH. To provide an equivalent ZOT-free
region #s MMH, the manifold temperature for the hydrazine thruster must be at least 40°F
warmer. Since the heater steady stite head temperatures are 50-90°F for MMH, this
iraplies a head temperature range of 90-120°F for hydrazine, This temperature range is
similar to that recommended from condesned phase explosion considerations.
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Transducer Cavity Explosions

Pressure transducer cavity explosions are produced by a different combination of
pulsing rocket events, The transducer is connected to the rocket combustion chamber by
a 2-inch long by 1/8-inch diameter tube. The transducer cavity and tube are natural traps
for any fuel varor, oxidizer vapor, and reaction products produced during the ignition
transient or for liquid residues left from previous pulses,
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Each time the rocket pulse is initia‘ed in a vacuum, these materials are rammed into e
the cavity where they tend to condense or collect on the cool cavity walls. The residues, -
which are found to be explosive, continue to accumulate each time the thruster is fired. - -
The accumulation can be detonated by an occasional large amplitude condensed phase
explosion or by the thermal energy carried into the tube or transducer as the high i
pressure hot combustion gases rush into the previously evacuated cavity during ignition.
These explosions may cause the transducer to cease functioning as a pressure sensing
elemert, but it still maintains its integrity as a plug to prevent the escape of combustion
gases,

Sufficient concern for the shuttle transducer exists that a special program to prevent trans-
ducer failure was initiated. The transducer used for the shuttle thruster has a special
protective device behind the sensing diaphragm which supports the digphragm and prevents
excessive deflection and damage to the strain gauge when an explosion occurs. This is
expected to greatly increase the reliability of the transducer for MMH usage.

Studies of preignition and post-cor:hustion chemical reactions (Ref. 9) occurring at low
pressures and temperatures indicate that explosive residues ara formed which are capable
of being detonated by pressure waves or ignited by thermal waves. The explosive residues
that are suspected and identified in the nonflame reactions include the mononitrates and
dinitrates, the mononitrites and dinitrites, and the azides of hydrazine cr monomethyl-
hydrazine. Also identified are hydrogen azide, nitrosyle azide, ammonium azide, and .
ammonium nitrate. Add to this the fact that hydrazine and monomethylhydrazine are them- e
selves monopropellants which exothermally decompose at about 600°F and thus there are an
enormous number of possible explosive mixtures formed during the preignition or post-
combustion periods. -

FIRa o i
.y “

‘When hydrazine I8 used as a fuel, the explesive materials furmed appear to be more shock
and the thermally sensitive than for MMH. As a result, it is expected that transducer -
explosions would occur morc frequently with the hydrazine thruster. :
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Experimenta’ data are not yet available to predict the frequency of occurrence or the mag-
nitude of the explosions for MMH, nor has a model been developed for predicting the fre-
quency or amplitude of the exrlosion, Based upon the damage observed in {ailed transducers,
the maximum pressure has been ostimated to exceed 5000 psi (as compared with the chamher
pressure of 150 psia).

Combustion Instability

High frequency combustion instabilities are large amplitude acoustical resonances
within the chamber which are driven and sustained by energv from the combustion proc«ss.
The resulting intense oscillation of the combustion pressure and velocity is considered
undesirable because heat transfer is increased by factors as high as 10 and causes rapid
and catastrophic failure of the chamber walls., Damping must be provided by baffies or
acoustic cavities in many high performance thrusters to dissipate this oscillatica energy.

To nrovide sufficient energy to cause instability, some coupiing between the combustion
process and acoustic frequency must exist, There seems to be agreement between theory
and experiment on the existence of & frequency-dependent comhustion reartion time and on
the effects of injection chararteristics on the heat release rate which drives the oscillation.
A relatively simple "sensitive time lag' theory appears to adequately predict the behavior
of combustion systems provided that the sensitive time lags have beer Y=stermined experi-
mentally, Fortunately, such data exist for NoO4/Noliy combinations (Ref. 10).

The sensitive time lag theory predicts zones of stable and unstable operation as a function
of a dimensionless time lag 7* (see Figure 35) and an interaction (or excitation) index N.
T* is defined as

™ =il W
T = experimental sensitive time lag of the combustion process

c = speed of sound in combustion gases

D = chamber diameter

Smith and Reardon correlated their data to define the sensitive time lag for hypergolic pro-
pellants using lil\e-on—like doublets as follows:

T = 0.25 de/ 2 Me(Pe/PeryM/? @
where:
df = fuel orifice diameter, inch
M = chambher Mach number
P = chumb sSSUre ;
¢ T chamber pross ORIGINAL PAGE I8
Pcr = critical pressure of {uel OF POOR QUALITH
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Other correlation equations of the same form exist which relate to the properties of the
oxidizer and/or both propellants. However, since the vaporization and mixing of the fuel
is the limiting factor for these propellants, ihe correlation equation for the fuel was used,
From Equation (2), the sensitive time lag is 0,20 ms using the fuel as the controlling pro-
pellant. The nominal value of the dimensionless time constant T* of Figure 35 becomes
T* =4,0, However, there is a very large scatter in the exnerimental data from which the
correlation equation is derived. Therefore, the stability picture is better described by
the operating box shown in Figure 35. This operating box indicates the experimental band
for the sensitive time constants and for the interaction index N. If the operating box over-
laps one or more of the unstable zone, instability can be expected as a result of normal
combustion,

The interaction index N is an indicator of the amount of excitation required to cause an
instability., The operating box shown in Figure 35 shows the limits of N and T measured
during normal combustion and indicates that stable operation can be expected. Bombs or
other unusual disturbances provide higher excitation than shown by the box. For the
shuttle thruster, instability can be caused by the ignition transient, bombs, or other explo-
sive events in the combustion chamber. The operating box is close enough to the stability
boundary that moderate interaction inuex for the explosive event could cause operation in
the nonlinear mode.

Marquardt's experience with pulsing thrusters is that the ignition transient and/or other
explosive events in the operation of the thruster determine the amount of stabilization
devices required to avoid destructive combustion instability (first tangential mode in the
shuttle thruster). The conventional '"bomb" excitation recommended by CPIA for stability
rating a thruster has been found by Marquardt to be inadequate compared to other special
techniques which produce multiple explosions in the chamber.

Compared to the explosive events, the excitation provided by the normal combustion process
is small, While experimental data on the shuttle thrusters without acoustic cavities clearly
indicate that the offset doublet configuration is less stable than the zero offset doubiets, no
combustion instability was found for either configuration with cavities, since the acoustic
cavities are designed to cope with the explosive rating test.

The excitation index of hyvdrazine thruster is not expected to be significantly different than
for the MM H-fueled thruster. The two primary variables affecting tne interaction index;
namely, the heat release rate and the radia! locaticn of the heat release zones, appear
experimentelly to be the same magnitude as for MMH. However, explosive phenomena
upon ignition or during operation could be more severe unless the additional thermal con-
ditioning of the thruster and fuel recommended above is provided. If such conditioning is
provided, the explosive excitation should b equivalent and the present cavity design should
be adequate,

It is recommended that tuning of the acoustic cevities to the instability frequency be imple-
mented for the hydrazine thruster to assure maximum damping. The resonant frequencies
of the cavities and the chamber are both a function of the sume combustion gas properties
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{i.e., the speed of sound) and in theory no revision should he necessary., However,
Marquardt has observed that the localized film cooling of the head affects the cavily tem-
peratures and, therefore, a shift in cavity frequency will occur due to the lower cooling
effectiveness of the hydrazine.

Feed System Stability

Flow oscillations of the propellant supply systen can occur due to interactions between
the flow and the combustion chamber pressure. The primary parameter controlling the
feed system stability is the injector pressure drop. To provide the same feed system
stability margin as the MMH-fueled engine, the hydrazine-fueled thruster must have the
same injector pressure drop. If the pressure drop is smaller, stability is degraded.

When operating at a mixture ratio of 1.4 and the same thrust and specific impulse, the
hydrazine-fueled thruster incurs an additional injector pressure drop of 2 psi on the fuel
side. Since the allowable pressure drop across both the valve and the injector is 83 psi,

a small adjustment of the "trim" orifice in the valve can be easily made. This change acts
to increase the stability since the pressure drop across the injector alone has increased and
has been compensated by decreasing the pressure drop across the valve.

For the oxidizer side of the feed system, the pressure drop is reduced by 8-9 psi due to
the lower mixture ratio. The trim orifice in the oxidizer valve can be used to increase
the averall pressure drop across the valve and to meet the overall valve/injector pressure
drop of 83 psi. However, since thc feed system stability is more sensitive to reduction of
injector pressure drop than to the valve pressurec drop, the stavility of the oxidizer side is
reduced despite the balancing of overall pressure drop. 1f the same or better feed system
stability is desired, an increase of the length-diameter ratio of the final orifice or a de-
crease of the diameter of the feed tube  leading to the final orifice can be made.

L " D T T W7 i i e e
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4

Configuration A

Configuration A is the basic MMH-fueled shuttle thruster with no or little modifica-
tion. As a result of this study, a number of minor changes are recommended. ''Minor"
is used here to mean that the medifications do not produce a significant change of tooling
and the manufacturing cost. They are to increase the heater power by a factor of two to
three, to increase the oxidizer manifold pressure drop by a dimensional change in the
oxidizer manifold feed tube and possibly a retuning of the acoustic cavities by changing their
depth., These changes involve no change in manufacturing approach and thus will not pro-
duce a significant change in production cost.

BEATSEIN 5%
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Table I lists the thruster weight, the predicted specific impulse, and throat temperature
along with similar numbers for the MMH-fueled SSRCS primary thruster. The weight
presented in Table I is for the unscarfed 22:1 area ratio thruster similar to that shown

in Figure 1. Many of the shuttie thrusters have nozzle extensions (scarfs) which are shaped
to be flush with the external surfaces of the shuttle vehicle. Figure 8 shows the scarfed
nozzle used for the forward facing "Z* thrusters. No significant increase of the heater
weight from its present 0.3% pound or its product cost is anticipated. Therefore, the
thruster waight and production cost for Configuration A is expected tobe the same as for
the M\ H-fueled shuttle thruster.

DN

Configuration B

Configuration B incorporates additional changes that act to lower the throat tempera-
ture of the hydrazine thruster. The objective of this study was to define a hydrazine-
fueled configuration which provides specific impulse and throat temperatures within present
shuttle constraints. Figure 29 suggests that this can be done a n'muoer of ways and, there-
fore, some judgment is necessary to select a path. If minimum “gpment risk is selecter
as a criteria, then only those mocifications which are supported ., xperimental data can be
3 considered low risk. The path which consists of reducing chamber length, increasing nozzle
e length, and offseiting the doublets represents the lower risk path, since experimental data
(with MMH) provide confidence these changes will produce the desired results.

Vi Optimization of the injector will raise the impulse further, but it is a2 high risk option,

r} since actions and limited attempts to optimize the shuttle injector provided experimental

"3 cvidence that interactions between the injector momentum angle and the {ilm cooling effec-
] tiveness do exist. Since the analysis indicates that Configuration B goals can be met with-
v out optimizing the injector parameters, the low risk configuration was chosen for Configu-
n. ration 3 (i.e., no optimization).

Table I also lists the weight and performance of Configuration B. The weight of a 4-inch
diameter, 0. 7-inch long x 0. 074-inch thick piece of chamber which is to be removed almost

G6H
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o exuctly equals the 5.8-inch diameter x 0, 7-inch long x 0,045-inch thick piece of nozzle
J which is added. The change in chamber and nozzle contours does not change the manufac
turing cost except through some initial tooling costs for the shear-formed nozzle. A com-
’1 parison of the three thrusters at their design points (from Table I) reveals no significant
4‘:-3 change in weight, or specific impulse. However, both the hydrazine thrusters are running
N f hotter than the present NMMH thruster. Configuration A exceeds the expected re-entry
* temperature slightly, while Configuration B provides an acceptably lower temperature.
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IX, CONCLUSIONS

Conversion of the Space Shuttle Reaction Control Thruster {rom the MMH {uel for which it
was developed to NoHy4 appears to be feasible from the thruster viewpoint. Achievement
of the same specific impulse is predicted for both Configurations A and B. However,
unmodified thruster (Configuration A) is predicted to have nozzie throat temperatures of
2310°F at design mixture ratio. While this exceeds the target temperature of 2100°F, it
is only slightly in excess of the 2250"F temperature produced by re-entry heating on the
forward thrusters (see Table I).

To approach the 2100°F target throat temperature, the combustion chamber must be
shortened, the exhaust nozzle lengthened a corresponding amount, and the injector
doublets must be offset. The effects of these changes to the thruster geometry have been
documented with MMH fuel, and they therefore constitute a low risk modification from a
development viewpoint, Manufacturing risk is not significant, since no change in manu-
factur' 1g {echnique or approach is involved. -

The following additional changes are also believed necessary to assure trouble-free
operation of both the Configurations A and B thrusters in the pulse mode:

1. Heater power should be almost tripled to condition the head to a 90-i20°F
temperature range.

2. The pressure drop through the oxidizer manifold should be increased 10%
to aveid feed system/combustor instability.

3. The acoustic cavities should be retuned (change in depth) to maintain the
same combustion stability margins as the present MMH thruster,

The film cooling analysis is new in that an attempt was made to consider the decomposition
of the fuel film cooling layer. Significant questions regarding some of the assumptions for
the decom;:osition process remain unanswerad. These relate to the laminar burning
velocity of the decomposition flame and the decomposition temperature of the coolant. The
accuracy of predictions is certainiy no better than x100°F since the primary variables, the
decomposition temperatures, and subsequent ammonia dissociation, are not clearly
defined.

Howeve., the good agreement hetween predictions and the experimental data for the MMH

thruster suggest that the approximations used in the analysis produce reasonable results.

The temperature predictions for the ' rdrazine thruster also fall within the band of experi-
mental measurements for previously evaluated thrusters whose {ilm cooling configurations
were similar to the shuttle thruster.
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APPENDIX A

TANKAGE CONSIDERATIONS FOR CONSTANT TAKEOFF WEIGHT

1. Tankage off-load to provide same takeoff weight with hydrazine.

Takeoff propellant \\'eight,' Wr, is:

Wo =W +W, o))
where

Wo = weight of oxidizer

WF = weight of fuel
but

= 4 = 2

W P Vyand W = o Vo @)
where

Vo = volume occupied by the oxidizer

VF = volume occupied by the fuel

Let V = maximum tank volume (equal volume tank)

I

Then the takeoff weight for the hydrazine-fueled thrusters is using (1) and (2) and assuming
tanks for the MMH system filled completely.

Wim T P VeV )
where the subscipt M denotes MMIH.
The takeoff weight of hydrazine-fueled thrusters is
Wer = Po Vot oy Vi @)

where the subscipt H denotes hvdrazine.

We seek to find what values of V, and Vy; for the hydrazine system will provide the same

takeoff propellant weight as the MIAIH system (using (3) and (4)).
Vromnay _ %75V &

7] 4+ 2 14
WT(N2H4) PoVo % Vy

ol

AAC allalaaind = ot



. '/."///('If(/lh'lf(// VA AN (4, FORNA Report 1423

(RVE RS

'The mixture ratio at which the NyH4 thruster must operate to ackieve simultaneous empty -
ing of both oxidizer and fuel tank is:

() A ©
Flg PuVy

Combine Equations (6) and (1) the following two equations can be obtained to describe the
required volumes of fuel and oxidizer.

Vg Po+Pu :
+= to
F)y, H
v, Po * P -
2 - (1+0/F) ) ()
O/F i 0

Let us now find what percentage of the tank volume is required for the hydrazine system
at its equzl volumetric flow ratio. Using Equations (2) ana (6),

T
O/F - wo - pO\O - OOVO
w, TP v, T e v
F TFT'F °u'm

For MMH, the equal volumetric flow ratio is

P
B = - b - v
IMH "MMH .

Using Equation (7) with the hydrazine equal volumetric flow ratio (i.e., O/F = 1.43)

\'/

H _

e 0.95
and

vo

-{,- = 0.95

Therefore, to have the same takeoff weight only 957 oft he original tank volume, V, is
required for the Nyl thruster. This results from the greater density of hydrazine com-
parcd with NDMH,
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II.  Find mixture ratio at which hydrazine tank is full (i.e, let V., =V). Solving

Equation (7a) for the minimum mixture ratio, i
%) = 1.32
H min,

At this mixture ratio the oxidizer tank is off-loaded by the following amount (for the same
takeoff weight):

Vo
7 = 0.91

I0. Correction of above mixture ratios for required vehicle ullage volumes.

The oxidizer tank requires a 7.5% ullage volume to allow fcr thermal expansion variations,
while the fuel tank only requires 5%.

For tanks with equal volumes, the MMH mixture ratio which satisfies the ullage require-
ments and the requirement that both tanks empty at the same time is:

o) _/0 (1 - 0.075)
Famu Famu (1 -0.05)

Equal volume

o
MMH

1.656 x0.973 =1.6

oo |

Similarly, the equivalent operating mixture ratio for NZH 4 corresponding to the equal
volumetric flow ratio is:

o = 1,43x0.973 = 1.4 (1.39)
R
24

Finally, the corrected O/F ratio at which the hydrazine tank is at maximum permitted
fuel load becomes:

: (Q) = 1,32x0.973 = 1.28
N H . min.
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APPEXDIX B

ROCKET PERFORMANCE CALCULATIONS

The One-Dimensional Equilibrium (ODE) computer program was used to predict

the theoretical core gas temperatures and the reference specific impulse for the
Shuttle thruster. These theoretical predictions must he corrected to account for the
losses in performance due to the use of the fuel as a coolant and the less than
pcerfect combustion that exists in the combustion chamber. An analysis program
was developed for predicting those losses for the MMH fueled shuttle thruster.

This program was modified to account for the different physical and chemical
properties of hydrazine,

.Combustion Zones

The Shuttle rocket performance is analyzed as a three-zone process. The
sketch in Figure Al i{llustrates the three zones. The outermost zone is the film
coolant zone. Liquid fuel is depositied on the chamber walls by film coolant
orifices at injection angles of 20° and 45° around the periphery of the chamber,
The steeper injection angle (for half the injection orifices) was found necessary
to provide additioral injector face cooling because recirculation of the hot combus-
tion gases back toward the face causes face heating.

There are two main combustion zones created from a single ring of injection
orifices. The flow on the outer zone is inclined 20 degrees outward and the

inner combustion zone is inclined 21 degrees inward. The nonaxial momentum
angles produced by the single doublet injector orifices (i.e., oxidizer and fuei
jets impinge upon each other) creates recirculation patterns in the combustor
which actively feeds thermal energy back to the injection zone and improves
combustion efficiency.

The net momentum angle of the propellants varies as the propellant mixture ratio
is changed, and this has a strong effect upon thruster performance.

The mixture ratio i~ each of the two core combustion zones is different and is
used as a parameter to optimize thruster performance. The outer core zone is
operated fuel rich compared to \he inne: 2ore. This protects the chamber wall
from oxidizer, The analysis assumes that no mixing occurs between the two core
combustjnn zones.
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However, mixing is assumed to occur between the film coolant zone and the outer
i core zone. This assumption rccognizes that a portion of the film conlant moves
B back toward the face to provide face cooling and that additional loss of liquid
coolant to the core flow occurs due to the liquid film instubility of the coolant
- sheet,

Zouc Mixture Ratios

The effect of zone O/F ratio upon Isn is shown in Figure B-2, which presents
the decrease in specific impulse (Algp) referenced to the theoretical optimum at

- an O/F = 1.0. Examination of thc chart indicates that operation at the equal volu-
metric flow mixture ratio of 1.4 results in a loss of seven igp seconds of perfor-
= rance compared with an O/F =1 9,

If film cooling is used (sa;' 25% of the fuei}, the core O/F ratio becomes 1.87, and
the loss in Igp in the core fiow approaches 22 seconds compared with an O/F = 1.0.
however, the specific impulse ohtaired from the film coolant zone acts to partially
compensate for this loss, The important observation is that the film cooling flow
influences the combustion zone mixture ratio and gas temperaiure and specific

= impulse,

Doublet Combustion Pe srmance

The shuttle t' ruste . er.ploys 84 "urlike'* doublets in the singie ring-dual
rmomentum injector tr achieve good mixing with a short combustion chamber
(L* = 10'"). The objective of tho mixing process is to achieve a uniform mixture
ratio acress sach combustion zone.

Rupe at JPL defined the parameters for maximizing mixture uniformity with nonreact-
ing fluids (Ref.11). Rupe found a limit to the degree of uniformity even at optimum
mixing (Rupe number = ,5), One interesting and significant facet of Rupe's investiga-
lion, aside from the di*ficulty of getting uniform O/F distributions , was that the imping-
ing liquid jets penetrated each other. Instead of splashing or bouncing off each other,
the impinging jets were found to eross over. Figure -3 shows the O/F distribution
measured across a research rocket engine using a single Coublet injector with the oxi-
dizer and fuel orifices oriented as shown in the top figure. The line labeled "'penetrated"
shows the O/F distr bhution at optimum Rupec number. Obhserve that the side of the en-
gine opposite the cxidizer orifice is oxygen rich and the side opposite the fuel orifice is
fu.l rich. The O/F maldistribution is quite evident for the "optimum'" penetrated flow
mixing,
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Other investigators, also working with impinging unlike doublets, reported that under
cervtain operating conditions the two jets bounced off each other or ''separated’’. This
separation of Llow apart was aitributed to chemical reactions occurring sufficiently
rapidly at the impingement point to prevent mixing of the liquid jets, The O/F varia-
tion across the combustion chamber for "separated” mixing is also shown in Figure B-3
where it can pe observed that profile is as maldistributed as the "penetrated” data but
completely reversed.

Kushida and Houseman, at JPL (Ref. 12), formulated an analytical model to define

the operating regions in which penetrated or separated flow would occur, The key
element of the inodel was the concept of a "contact time' which they showed was

related to the ratio D/V (diameter of injector orifice to velocity of the injector jet).

They postulated that if two hypergolic propellants remained in the impingement zone

long enough to start a chemical reaction, the reaction products would cause the jets

to blow apart or separate. If the contact time (D/V) was too small, mixing would

occur before the chemnical reaction and penetrated mixing would be observed. They
hypothesized that either vapor phase or liquid phase reactions could cause the separation,

Houseman (Ref. 13) later conducted the experiment with the single doublet research
engire, discussed above, where he verilied that the mixing patterns varied from pene-
trated to separated mixing as functions of chamber pressure. He found that more

¥ uniform mixing than either penetrated or separated mixing could be obtained between
these two regions, Figure B-3 also shows the O/F profile (labeled "mixed") obtained
in the crossover region from penetration to separation. The gas generation due to
chemical reaction at the impingement point was proved to be beneficial for achieving

a more uniform mixture ratio.
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That these changes in O/F profile are significant to performance is shown in Figure B-4
which shows that the C* efficiency rises from 937 for penetrated mixing to 97% at the
niixed flow condition and then back down to 93°( for separated flow,

Kushida and Houseman had predicted that the vapor phase chemical reaction would be a
function primarily of chamber pressure and the experiment validated their hypothesis.
Figure B-5 shows the estimated vapor phase line for the Marquardt injector geometry
using MMH /N204 propellrnts. Operation of the injector to the left of the line would
result in penetrated mixing. Separated mixing occurs to the right of the line. Optimum
mixing occurs in the neighborhood of the vapor phase line.

Soine controversy exists as to the nature and shape of the liquid phase reaction lines
3 (which also cnuse separation). Houseman has formulated models for two different

. liquid phase reactions, each being a different function of pressure md temperature.
: Experimental data by Brecn, et al, of Dvaamic Sciences (Ref. 14) suggests that the

"‘1 liquid phase reactions are dependent primarily upon ten verature, These latter dats
% arc shown in the figure as dashed lines (adjusted for our injector geomei_y),
":',-1
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The diagram of the D’V plane, therefore, describes the mixing hehavior of impinging
doublet injector elements. The design objective is to chanse the injector D/V 8o as to
opcrate in the optimum mixing region; i,e., on the vapor phase reaction line defining
the trunsition between penetrated and separated flc .

For the performance analysis, both Rupe number and contact time {D/V) were assumed
to interact independently of each other as a first approximation to describing the mixed
flow region, Figure BG shows the effect of Rupe number upon Isp- Rupe number ~ .5
is used as the zero reference point.

The limited experimental data relating to the chemical reaction time for hydrazine based
fuels with nitrogen tetroxide suggest little or no difference hetween hydrazine and MMH,
Therefore, the contact time was assumed the same for the two fuels. Figure B7 pre-
sents some experimentally derived datz from the Shuttle thruster on the effect of contact
time (D/V) upon specific impualse. Optimum contact time for the MMH (and therefore
the Noj14) thruster is 32 microseconds at 150 psia chamber pressure.

Momentum Angle Effects

Recirculation of hot combusticn gases back towards the injection zone is induced
by tilting the resultant monmentum angle relative to the centerline of the combustion
chamber. Test data generally reveal an increase in both performance and injector head
or face temperatures. The performance change resulling from th2 momentum angle
is shown in Figure BS. This empirically derived curve was obtained from experiments
with a number of different thrusters developed at Marquardt using single ring, single
momentum injectors and having small L* chambers (short chrmbers), It predicis that
maximum improvement of specific impulse occurs as the niomentum angle is ircreased
to 15°, Thercafter, the performance improvement decreases to zero at 30° and is de-
graded beyond.

Rocket Performance Calculations

The functional relationships discusse: previously were combined into a computer
program which calculates the changes in specific impulse as the thruster design para-~
meters are varied. The analysis procedure accounts for variations of doublet mixing
efficiency as the doublet Rupe number and contact time (or blowapart) parameters are
changed. It also considers the effects of the mixture ratios in each combustion zone and
the effects of changes in resultant momentum angle of the two propellants ir. each zone.
The remaining combustion efficiency terms due primarily to secondary mixing within
each zone and bhetween zones were derived empirically from experimental data of
thrustcr performance. This was assumed to be a function of chamber length., Finally,
the performrance increment due to the {ilm cooling z .ne is included using the assumption
that the cooling zone gas temperature is a fixed value. The results of the calculations
are presented in Section ITI of this report.
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APPENDIX C

FILM COOLING ANALYSIS TECHNIQUE

The conventional film cooling analysis was extended to include the effects of mono-
propellant decomposition of the film coolant, The following sections discuss the conven-
tional film cooling analysis techniques used for calculating the behavicr of the liquid and
vapor film cooling zones. In addition, an approach was formulated to estimating film
temperatures when thermal decomposition of the coolant occurs.

Liquid Film Cooling

The effectiveness of liquid film cooling depends upon how far the liquid film extends
along the chamber wall, Predigtion of the liquid length is one objective of the analysis.
Liquid can be lost by a number of different mechanisms:

1. Splashing due to the method of injection.

2. Liquid lost due to instabilities of the flowing liquid film.

3. Evaporation of the film due to thermal influx,
Only the liquid evaporating from the film on the wall is performing its function of cooling
the wall, Liquid carried away before any cooling can be achieved (i,e., Item 1) or fluid
droplets which break away from the film before the heat of vaporization can be used to cool

the wall (Ttem 2) are assumed ineffective for wall cooling.

Injection Losses

The film coolant is.injected at 84 points around the circumference at angles of
20 degrees and 45 degrees to the chamber wall. The coolant flow, therefore, has a
component parallel to the wall which carries the coolant toward the exit nozzle and
another component perpendicular to the wall which splashes the liquid in a circular
pattern in all directions, As a result of this splash patiern, a portion of the coolant
flow moves back toward the injector face. As mentioned earlier, the 45-degree
angle was chosen specifically to cause coolant flow to reach the face and reduce the
heat flux due to the recirculation of combustion gases. For the analysis, all coolant
moving back toward the face was assumed to bhe lost for cooling the chamber and
the nozzle. Figure C-1 shows the percentage of the injected flow lost toward the
face as a function of impingement angle. For th2 20-degree impingement angle
streams, only 15% of the flow moves toward the injector face and 85% acts to cool
the chamber and nozzle. For the 45-degree injection angle, 34% acts to cool the
face. The total percentage of the liguid film from hoth sets of orifices which act to
cool the chamber and nozzle is 74%. Twenty-six percent is used for injector head
cooling,
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Film Instability Losses

The liquid film moving toward the nozzle loses liquid droplets due to waves which
appear on the film surface, Loss of liquid from the film by entrainment in the gas in-
creases with the thickness and flow rate of the coolant film. As the film flows along the
chamber wall, evaporation at the liquid gas interface causes the thickness of the film to
diminish from a maximum near the injection point to zero at the point where the film is
completely evaporated. Therefore, the intensity of surface ripples decreases in the
direction of the flow.

If coolant which breaks away from the film surface is carried away from the liquid film
by turbulent mixing before it evaporates, its heat of vaporization will not be effective in
film cooling. On the other hund, if the entrained coolant is evaporated immediately ad-
jacent to the liquid film, its heat o{ evaporization will contribute to film cooling.

As experimental study of liquid entrainment and film stability in film cooling in rocket
motors was made by Graham. His experiments were made with films injected tangential
to the chamber wall, From measurements of the liquid film length and calculations of
what the liquid film length should be in the absence of fluid entrainment. Graham cal-
culated a stability effectivenes, T s, defined as follows (Ref. 15):

\\Y

A% £

Ms = 1)

where W is the effective film flow rate which adheres to the wall and \’Vf is the initial
film flow rate at the point of injection.

The stability effectiveness, Ts, was correlated by Graham with a dimensionless parameter
W* which is, in effect, a Reynolds number of the fluid film and is defined as follows:

W
D

w* =

W= js a function of distance from the injecticn point, since the liquid flow rate is reduced
by evaporation as the film proceeds downstrezm. Graham's results, which relate the
local stability effectiveness to the local value of W*, are shown in Figure C2.

Graham's caicuialions of theoretical liquid length assumed that the heat transfer coefficient
hetween the core and the liquid film was the same as it would be between the core and a
smooth solid wall, Therefore, he attributed all of the difference between the theoretical
and measured liquid length to entrainment of fluid droplets because of film instability.
Graham's experiments were performed with rocket engines using WFNA and JP-4 at a
chamber pressnure of 500 psia and a thrust of 500 pounds.
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Results of liquid film cooling experiments by Kinney (Ref. 16) with water films in air flow
threugh ducts at temperatures from 600°F to 2000°F were also correlated with the
dimensionless {ilm parameter W*, However, Kinney attributed the  .[ference hetween
measured and thenretical liquid lengths to enhancement of the heat transfer coefficient
between tlie core und the film surface, possibly because of increased turbulence due to
film instability and evaporation. Kiiney assumed that there would be no loss of fluid
by entrainment, A calculation of the liquid length using either Kinney's assumption of
‘E enhanced heat transfer - nd no liquid entrainment, or Graham's assumption of liquid

entrainment and no enhancement of heat transfer, in most cases will give very closely
the same result, In fact, Graham included Kinrey's data in his correlation of Tis with
W,

In mere recent work, Gater and L'Ecuyer (Ref. 17) empirically derived an entrainment
parameter which was not nondimensional, They argue that even though their parameter
is not a dimensionless quantity, it can be shown to be equivalent to the dimensionless
Weber number, However, they were not able to define the characteristic cooling film
dimension that is required to convert their parameter to a Weber number. The signi-
ficant difference in their corielation is that th.e surface tension of the liquid coolant was
the correlating parameter rather than the viscosity of liquid (i.e. Reynolds Number)
of the previous investigators. The confusing thing about theiv report is that they show
good agreement between their surface tension parameter and the original data from
which the viscosity parameter was derived.

Despite the disagreement on the precise parameter, all investigators agree that the film

coolant is consumed much faster t* .n that calculated by assuming that the heat transfer

to it is the same as to a rigid wall, Examination of Figure C-2 indicates that liquid lengths
- can be reduced by a factor of 2 or mors due to the surface ripples and waves of the coolant.

Vaporization Due to Heat Transfer

Althot.gh both liquid entrainment and heat transfer enhancement may bhe occurring
simultaneously, it is very difficult to separate the two factors experimentally, Based upon
Graham's results, it can be concluded that the rate of heat transfer between the core and
the liquid film can be calculated from conventional equations for convection cc..fficients
when usiag stability effectiveress. If the local core flow is turbulent, the heat transfer
coefficient from the combustion gases to the liquid film coolant can be calculated using the
Bartz equatioa (Ref. 18) as modified to include the more convenient reference enthalpy
method develep2d by Welsh and Witte (Ref, 19).
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where h is the enthalpy of the combustion gases, A is the cross-sectionul area, b is the
diameter, and the subscript * reprosents the nozzle throat; r is the recovery condition
and f indicates average properties at the interface between the core and the liquid film.

The factor 0 represents a correction for the variation of viscosity and density through the.
boundary layer and is equal to

( 0.8
o | — B
o 0.12 _ 0.6 @)

\ Tog Tf

where Tg is the local static temperature cf the core, 'I‘og is the stagnation temperature
)

of the core and 'I‘f is the average interface temperature.

This calculation of heat transfer ¢~ the liquid film is used only for the evaporation model
with inert coolants, For the cecomposition model, the evaporation rate is evaluated
using the laminar flame spe~d of the decomposition flame.

Gaseous Film Cooling

-

A liquid film injected along the chamber wall will eventually evaporate due to heat
flux from the core gas and from the wall. Downstream of the evaporation point, vapor
exists along the wall which c¢zn provide a thermal barrier between the core g.s and the
chamber,

A number of different gaseous film cooling models have been proposed and investigated.
To date, no one model has been accepted as universally applicable. The objective of
gaseous film coolirg analysis is the reliable prediction of film recovery temperatures in
various parts of the thrust chamber. The film recovery temperature is the driving tem-
perature {ur heat transfer to the chamber walls. The {ilm temperature also affects the
convective hnat transfer coefficient through its influence on the viscosity, heat capacity,
Prandt] number, and boundary laver chiracteristics of the film. Thus, a reliable gase-
ous film cooling model is necessary to the determination of thrust chamber temperatures.

Gaseous f{ilm cooling models are basically of two types - those which assume no core-film
mixing and those based upon nixi..g. Marquardt has used models based on both approaches
and has successfully correlated data in each case. The correct model depends upon the
probiem at hand.

Model of Hatch and Papen (subsonic flow) (Refl. 20)

Hatch and Papell derived their model for gaseous film cooling making the following
ass:mptions,

" (a) Coolant exists ©:s a discrete layer (no mixing).
-4
} m) Temperature profile in the coolant does not chunge rapidly.
o
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(c) Temperature gradient through the coolant is small,

(d) No heat is conducted through or along the wall,
(e) Conditions are uniform nc~mal to the wall,

(f) The main gas stream is fully developed turbulent flow.

() The gas traverses the distance X' before heat diffuses through the gaslayer to

raice the wall temperature.

A simple heat fIv . halance .. a slab of gaseous coolant leads to:

aT h L
£ . g @.-T) (5)
dx (WCp),
where
Tf =. film temperature
x = distance downstream
w .- coolant flow rate
(1p = coolant beat capacity
L = coolant slab width
Tr = core gas recovery temperature
Integration gives
Tr - Tx" thX
In ————— = "~ _2__ (6)
T.-T WCp)e
Using test data from engine firings using both air and helium, Hatch and Papell found
empirical multipliers which, when applied to Equation 6, gave correlation. The foilowing
is the final form of their expression,
-T, . hA .
_’l:!_..—..—i = exp -——g—"“ (7)
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The factor 1/ accowats for the finite thermal diffusivity of the film and the effect of
velocity differences between the core and the film.

Film Decomposition

The thermal decomposition of the coolant film will provide addtional heating, since
the reaction is exothermic. The decomposition of hydrazine and MMH occurs over a
range of vapor temperatures, Detonation is found to occur at vapor temperatures in the
neighborhood of 500°F (hydrazine) to 700°F (MAIH) in inert atmosphere. At lower gas
temperatures the decomposition reaction proceeds more slowly. )

The surface of the film cooiant layer injected along the wall must first be brought to the
boiling temperature, at whick time rapid vaporization occurs. At 152 psi chamber pres-
sure, this temperature is 350°F for MMH and 395°F for hydrazin. The vapor generated
is heated further and is ignited hy the combustion flame of the core combustion zone.
Heat released by the decomposition flame near the coolant layer is conducted back to the
liquid surface where it acts to increase the rate of evaporation. The moaopropellant
flame reaches a stable position when the velocity of the vapor appr. aching the flame is
equal to the laminar flame velocity for the decomposition process. In an oxidizer-rich
combustion environ.asnt, the hot decomposition products can mix with the oxidizer to
produce 2 second flame due to the bipropellant reaction.

Allison presents an analytic model for the monopropellant and the hybrid (monopropellant
plus bipropellant) combustion process as well s for the bipropellant flame (without the
monopropellant flame). He also presents experimental data on droplet combustion which
provides good agreement with the analytical model. His analysis and the experimental
data indicate that it is the monopropellant reaction alone which determines the mass
burning (evaporation) rate for large drops (where the flow field approaches that of a two
dimensional film). His experimental data show no change in mass burning rate from zero
oxygen mass fraction (i.e., single flame monopropellant reaction) to 42% oxygen mass

" fraction (i.e., the two-flame hybrid reaction). He has also experimentally demonstrated
that the mass burning rate for large drops was also independent of the ambient tempera-
tures from 2510°F to 4090°F.

Other experimenters (References 21 and 22) seem to find tha. the laminar burning
velocity for hydrazine decomposition is independent of ambient (chamber) pressure level.
If this is so znd if the mass burning rate is primarily a function of the laminar burning
velocity , then ti.e prediction of how rapidly the film cooling layer is consumed becomes
quite simple. ‘The mass burning rate, M, is

M=o \’l
where P is the density of the coolant vapor above the liquid surface
Vl is the laminar burning velocity.

M is the weight flow of coolant per unit surface area = W/~ DL
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The liquid film length then becomes

-

N A ]

L= nD, V -

LA 4 ;

71 = film cooling effectiveness |
D = chamber diameter.

If the laminar burning velocity is known and independent of pressure, the calculaiion
of mass burning rate is only a function of the coolant vapor density, which is a function
of chamber pressure. The decomposition model for predicting the liquid lengtl' leads ‘
to the simple result that the mass burning (or evaporation) rate is a constant at any given .
chamber pressure. Variation of the core combustion temperature or the oxidizer content
of the core combustion gases cause no change in the mass burning rate because the mono-
propellant flame establishes the primary heat flux to the film.

\

P S ——
R A .

To serve as a starting point for the calculations, a laminar burning velocity of 117 cm/sec
reported in References 23 and 24 was used for hydrazine. The laminar burning velocity e
for MMH was estimated by assuming the ratio hetween the two propellants was the same F .
as measured by Allison (V) , hydrazim/vl , MMH = 3,2).

The decomposition temperature of the film coolant must also be estimated. For this
analysis where the adjacent core combustion zones are usually fuel rich, the assumption
is made that there are no bipropellant (oxidation) reactions with their attendant additional
rise in temperature. However, the decomposition temperature of hydrazine is a variable
and is known to be z function of the amount of ammonia in the decomposition products.
Initially, hydrazine c(ecomposition produces large amounts of ammonia at high tempera-
tures. However, the ammonia begins to dissociate at these temperatures and in doing so
absorbs heat thereby lowering the temperature of the decomposition products. Figure C-3
shows the predicted temperature of the decomposition reaction as a function of the per-
centage of ammonia that dissociates. A large range of decomposition temperatures could
therefore be expected. The ammonia dissociation rate is rapid at high temperatures and 393
as a result of the absorption of heat, hydrazine decomposition temperatures above 2200°F 24
are a transient phenomena.

Similar data for MMH could not be found in the literature but since ammonia is also formed
in decomposition, a similar variation of decomposition temperatures are expected. T

To permit a preliminary evaluation of the decomposition model of film cooling, a constant
"effective' decomposition temperature was assumed for both hydrazine and MMH, This
avoided time consuming computations of reaction dynamics which would involve the decom-
position and dissociation reaction rates. An effective decomposition temperature of 1800°F
was assumed for hydrazine and a lower temperature of 1600°F was chosen for MMH,
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Gas-~to-Wall Heatl Transfer

Convective heat transfer between the gaseous film and the chamber wall de yends,
among other things, upon the level of turbulence in the film. If the film is turbulent through-
out the thrust chamber, the Bartz equation discuss. 4 under liquid cooling is applicable. In
the case of gaseous film-to-wall convection, the properties of the gas film, not the ccre,
are used in the Bartz equation.

In many cases it has been found that the flow is turbulent throughout the chamber. However,
it is possible for regions of laminar flow to exist in critical portions of certain engines,

For years, it has been observed that heat transfer coefficients near the throat of small
thrust chambers are considerably lower than would be predicted by turbulent boundary

layer methods. It was believed that this was due to injector effects in the short chambers,
but the latest evidence (Ref.25) indicates that it is due to the existence of a laminar boundary
layer in the vicinity of the throat.

1t is theorized that a turbulent boundary layer such as exists along the chamber walls can
become laminar in a strong favorable (negative) pressure gradient, especiaily on a highly
cooled wall, The occurrence of this phenomenon is believed to depend upon the magnitude
of the negative pressure gradient, the extent of wall cooling, the surface roughness, the
flow Reynolds number, and the degree of turbulence in the freestream. No theoretical
laminarization criterion has yet been defined, but, as a rule of thumb, thrust chambers
with throat Reynolds numbers less than 200, 000 will exhibit laminar flow at the throat,
This rule is based upon a review of available heat flux data, However, the Reynolds num-~
ber for the SSRCT thruster is above this number, and no benefits from the laminarization
are expected,

° Supersonic Flow Film Cooling

The supersonic gas film relationship are based upon correlations by Partha-
sarthy, 'An Investigation of Turbulent Slot Injection at Mach 6", ATAA Journal Volume 8,
No. 7, July 1970, The correlation indicates and the test data on the SSRCS engine tend to

" verify that the gas film temperature increases at a slower rate ss it traverses along the

wall in the supersonic region than would be predicted by Hatch and Papell.

° Heat Transfer Analvsis

Once the heat flux to the chamber wzll is estimated by the simplified heat
transfer procedures just described, the temperatures along the chamber and the insulating
blanket can be calculated using the Thermal Analyzer program. The chamber, coolant

. film, gas core and the surroundings can be divided into finite elements. The thermal capac-

itance of each elecment and the thermal resistance (or admittance) between adjoining elements
are specified, and the steady state temperature distribution is found,
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